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ABSTRACT 
The influence of trailing-edge separation on the dynamic stall 
characteristics of a typical rotor section is at present 
unclear. Although previous research has given a fundamental 
understanding of the unsteady stall process, the variety of 
aerofoils tested has made it difficult to isolate the effect 
of trailing-edge separation. Further investigation into this 
field may be carried out by testing two similar aerofoils 
which differ only in their trailing-edge separation 
characteristics. The early part of the work concentrated on 
the development of a numerical method whereby the theoretical 
pressure gradient over the trailing-edge upper surface of a 
given aerofoil may be modified to either enhance or reduce 
such separation. Since previous work at the University of 
Glasgow had included a detailed unsteady aerodynamic study of 
a NACA 23012 aerofoil, this was the appropriate profile for 
modification. The above technique was applied to this aerofoil 
with the objective of modifying the geometry in such a manner 
that would retain the leading-edge pressure distribution 
whilst forcing an earlier and more gradual trailing-edge 
separation growth. The subsequently designed aerofoil, 
designated the NACA 23012(A), was shown to display an 
enhancement of the trailing-edge separation characteristics 
via both boundary-layer calculations and oil-flow 
visualisation tests. 
On comparison with unsteady data previously collected for the 
NACA 23012, several systematic methods of estimating the 
- z -
effects of trailing-edge separation on the dynamic stall 
process are presented. During oscillatory tests the NACA 
23012(A) displayed a more stable damping characteristic which 
was attributed to the enhanced trailing-edge separation 
producing an earlier pitching-moment break. Based on the 
analysis of pressure-time histories obtained during ramp 
tests, it was deduced that a consequence of significant 
trailing-edge separation was to delay the initiation of the 
dynamic stall vortex. Detailed analysis of hot-film data led 
to the conclusion that aerofoils which display a tendency to 
stall in steady conditions, via separation growth from the 
trailing-edge, will experience vortex initiation by the 
breakdown of a thin layer of reversed flow travelling upstream 
beneath a stable shear layer which remains in close proximity 
to the aerofoil's surface contour. 
- Xi -
IOlIEICLATUBE 
e aerofoil chord, m 
Cl lift coefficient 
Cm quarter-chord pitching moment 
Cn nor~l force coefficient 
Cp pressure coefficient 
Ct tangential force coefficient 
f non-dimensional chord, x/e 
k reduced frequency, we/2U_ 
k, reduced pitch rate, arre/360U_ 
M,M- freestream Mach number 
p pressure, N/m2 
R, Re, Re Reynolds number 
s distance along aerofoil surface, m 
t time, s 
tn non-dimensional time, tU_/e 
u streamwise velocity within boundary layer, m/s 
Ue velocity at outer-edge of boundary layer, m/s 
U_ freestream velocity, m/s 
x chord wi se di stance, m 
a angle of incidence, deg 
• a pitch rate, degs/s 
A increment 
p densi ty, Kg/m:" 
7 non-dimensional time delay, U_At/e 
w angular frequency, rad/see 
-zu-
subscripts 
a amplitude 
c critical value 
DS dynamic stall value 
i dynamic stall criterion 
m mean value 
mv vortex inception value based on 
pitcbing-moment response 
max ~ximum value 
o zero lift value 
pv vortex inception value based on 
pressure bistory response 
S6 static stall value 
v vortex inception value 
CHAPTER 1 
I ITRQDUCTIOH 
1.1 Helicopter Rotor Bnvironment 
The unsteady aerodynamics of rotary-winged aircraft presents 
a fascinating, yet formidable, challenge to the fluid 
dynamics researcher. The consequences of the unsteadiness in 
rotor aerodynamics, illustrated in Figure 1.1, are clearly 
evident in practically every aspect of rotorcraft technology. 
A major portion of the helicopter flight boundary is 
determined by excessive control loads. These arise from a 
form of stall flutter on the retreating blade which involves 
the interaction of unsteady separation phenomena with the 
blade torsion degree of freedom. Dynamic effects on aerofoil 
stall are of sufficient magnitude to influence the choice of 
both section geometry and structural dynamic characteristics 
of the rotor blade. 
The diversity in the requirements of aerofoils suitable for 
helicopter rotor blades chiefly stem from the particular 
environment in which they operate. Consequently, the 
designer, when confronted with the problem of either 
selecting the most suitable blade aerofoil section from a 
- 1 -
catalogue, or attempting to develop new profiles, must seek a 
compromise between often conflicting requirements. Dadone 
(1978) indicated that early rotor blade development 
programmes, such as Davenport and Front (1966), used the 
steady-state lift, drag and moment characteristics as 
aerofoil optimisation criteria, since little was known about 
the effects of the unsteady rotor environment on these 
parameters. Therefore, a knowledge of an aerofoil's steady-
state performance should contribute to a better judgement of 
the possibilities, as well as the limitations, regarding 
rotorcraft performance gains which can be achieved through 
the application of the most suitable blade aerofoil section. 
Also, it would be reasonable to speculate that the manner by 
which a particular unsteady separation phenomenon was 
triggered may depend on the aerofoils steady-state stall 
mechanism. Therefore, a short review of steady-state 
separation behaviour is presented in the following section. 
1.2 steod7-stote stall CharacteristiQB 
In 1929, the National Advisory Committee for Aeronautics 
(RACA) began studying the aerodynamic characteristics of a 
systematic series of aerofoils in an effort to find the 
geometries that were best suited for specific purposes. Since 
then, much data has been collected and a fundamental 
understanding of the dependence of static stall on aerofoil 
geometry has been obtained. Figure 1.2 illustrates the 
esteemed, and frequently referenced, correlation of aerofoil 
stalling characteristics, with Reynolds number and leading-
- 2 -
edge geometry, carried out by Gault (1957). Four types of 
static stall were recognised: 
(i) Short-bubble (or leading-edge) stall. This type of stall 
is related to the formation of a laminar separation 
bubble immediately downstream of the leading-edge suction 
peak. Increasing the incidence causes the laminar 
separation point to move forward to a region of 
increasing surface curvature and eventually turbulent 
reattachment fails to take place causing the bubble to 
'burst'. Van den Berg (1980) illustrated an alternative 
cause of leading-edge stall which involves the abrupt 
'reseparation' of the turbulent boundary layer 
immediately downstream of the bubble reattachment point. 
(2) Long-bubble <or thin-aerafail) stall. This type of stall 
is associated with the formation of a 'long bubble', in 
which the turbulent reattachment point moves rearward 
with increasing incidence. When this point reaches the 
trailing edge the bubble bursts and stall is attained. 
(3) Trailing-edge stall. This type of stall is caused by the 
turbulent separation point moving progressively forwa.rd 
from the trailing edge as the incidence is increased. At 
maximum lift the flow is separated over approximately 50% 
of the aerofoils upper surface 
- 3 -
(4) Combined (or Dixed) stall. This type of stall displays 
characteristics which are a combination of short-bubble 
and trailing-edge separation behaviour. 
Figure 1.3 summarises the contemporary understanding of the 
various steady-state separation characteristics, and the 
manner in which they are related to the aerofoil's geometry 
and freestream condition. 
1.3 Unsteady Stall Characteristics 
1.3.1 DynaDdc Stall 
It was noticed in the Sixties <e.g., Harris and Pruyn, 1967) 
that the boundaries of rotor stall in forward flight were 
more favourable than those predicted on the basis of static 
two-dimensional data. It appeared that differences in 
aerofoil characteristics, resulting from unsteady aerodynamic 
phenomena, may have been responsible for the discrepancies. 
The importance of these phenomena to the understanding, and 
analysis, of blade aeroelastic problems provided an 
additional incentive for experimental and analytical studies 
of unsteady flow. Early experimental studies emphasised 
application to the retreating blade stall of the helicopter 
rotor that occurs in high speed forward flight. Consequently, 
measurements were typically made of the unsteady airloads 
during sinusoidal pitching oscillations characteristic of the 
retreating blade. Liiva et al (1968) represents one of the 
first efforts directed exclUSively toward specific unsteady 
- 4 -
aerodynamic problems of blade aerofoil sections. The result 
of this work, and of the many subsequent oscillatory 
experiments that followed (e.g., Ham, 1968, McCroskey and 
Fisher, 1972), was the general observation of a distinctive 
aerodynamic behaviour which became known as 'dynamic stall'. 
The phenomenon of dynamic stall on aerofoils in unsteady flow 
environments has been studied for many years, both as an 
important practical problem and as a challenging fundamental 
one. Over the last twenty years it has been established that 
a predominant feature of dynamic stall is the shedding of a 
strong vortex from the leading-edge region. This vortex 
passes over the upper surface of the aerofoil, distorting the 
chordwise pressure distribution and producing transient 
forces and moments that are fundamentally different from 
their static stall counterparts. The contemporary 
understanding of the dynamic stall process is illustrated in 
Figure 1.4, and the behaviour is a direct consequence of the 
aerofoil being pitched through the static stall incidence at 
some significant rate. 
If the reduced frequency, amplitude, and maximum incidence 
are sufficiently high, the vortex shedding is well defined 
and the qualitative aerodynamic loadings are relatively 
-independent of aerofoil geometry, Reynolds number, and type 
of motion. This limiting case is designated 'deep dynamic 
stall'. Under the less severe conditions, which are more 
common in helicopter applications, the vortex shedding is 
less well defined. The origin, strength, and transient 
- 5 -
development of the vortex appear to depend on all the 
parameters listed in Table 1.1. This case is known as 'light 
dynamic stall'. 
1.3.2 The Unsteady Boundary Layer 
The ability to understand fundamentally, and predict, the 
unsteady boundary-layer behaviour, over the aerofoil's upper 
surface, is a necessary starting point for a dynamic stall 
analysis, since the various unsteady phenomena must originate 
from the response of the surrounding shear layers to the 
imposed conditions. It has been recognised for some time, 
that the boundary layer remains attached to the aerofoil 
surface at higher angles of incidence under unsteady 
conditions than could be obtained under static conditions. 
Carta (1973) suggested that the phase lag and attenuation of 
the inviscidpressure distribution might be significant enough 
to explain the delay of the dynamic stall onset. MCCroskey 
(1973) showed that this postulation was essentially valid, 
although it was clear that other mechanisms were involved in 
the stall delay. Scruggs et al (1974) illustrated, via a 
numerical boundary-layer scheme, that unsteadiness in both 
the potential flow and viscous regions contribute to the 
delay of flow-reversal onset. However, it was stressed that 
-their analysis did not suggest that dynamic stall occurred 
simply as the result of the forward movement of the turbulent 
flow reversal point. What was shown was that the effects of 
time-dependence permit the turbulent boundary layer to remain 
in a non-reversed <and non-separated) condition during 
- 6 -
dynamic overshoot. McCroskey and Philippe (1975) illustrated 
that the response of an unsteady boundary layer was governed 
by the relative magnitude of the temporal and spatial 
velocity gradients. Figure 1.5 illustrates their calculations 
of the loci of laminar and turbulent flow reversal on an 
oscillating NACA 0012. As the static stall incidence is 
approached, the spatial gradients overwhelm the unsteady 
derivatives in the leading-edge region, where laminar 
separation occurs, and therefore any observed hysteresis will 
be due to the phase lag in the velocity at the outer edge of 
the boundary layer. However, as the turbulent boundary layer 
approaches separation at the trailing edge, the unsteady 
derivatives are of comparable magnitude with the spatial 
gradients, and therefore the aerofoil motion has a 
considerable influence on the onset of flow reversal. On 
comparison with experimental data, McCroskey and Philippe 
concluded that the main deficiency of the employed boundary-
layer method was its inability to indicate a possible 
mechanism of formation and shedding of the dynamic stall 
vortex. This deficiency is also apparent when consideration 
is given to similar work by Scruggs et al (1974) and Cebeci 
and Carr (1981). 
Although not specific to OSCillatory aerofoil flow 
conditions, an interesting parallel line of research, 
concerning experimental measurements on unsteady turbulent 
boundary layers, is reviewed by Carr (1981). In many of these 
experiments the metric surface is a flat plate or one wall of 
the wind tunnel. Unsteadiness is frequently introduced by 
- 7 -
oscillating vanes or shutters located either upstream, or 
downstream, of the test section. Using this technique, 
Simpson et ~l (1981) observed that, near the wall, between 
the viscous sublayer and the semi-logarithmic region, 
unexpected phase shifts of the velocity and turbulence 
oscillations occurred. Parikh et ~l (1981) observed that if 
the applied adverse pressure gradient was varied at a 
significant frequency, the shear layer thickness remained 
frozen even though flow reversals were indicated near the 
wall. During a series of wind tunnel experiments on a NACA 
0012 aerofoil, Covert and Lorber (1984) observed that the 
interior of the turbulent boundary layer was strongly 
affected by unsteadiness in the freestream flow. Similar 
observations, by other researchers, have led to the generally 
accepted opinion that flow reversal and separati~n are 
distinct boundary-layer phenomena in unsteady flows. Simpson 
et al (1981) noted that turbulent separation must mean either 
the entire process of shear-layer departure from the aerofoil 
contour, or the complete breakdown of the classical boundary-
layer concept. 
1.3.3 Vortex Initiation .schanisms 
A particular characteristic that strongly influences the 
dynamic stall behaviour, especially in the light-stall 
regime, is the nature of the initial boundary-layer 
separation that precedes vortex formation. The work of 
McCroskey et ~1 (1976) represents one of the first 
experimental investigations, via hot-wire anemometers, into 
- 8 -
the nature of the boundary layer prior to, and the mechanism 
by which, vortex shedding occurs. Four boundary-layer 
phenomena were identified as possible vortex inception 
mechanisms: 
(1) The bursting of the laminar separation bubble. 
(2) Abrupt breakdown of the turbulent flow immediately 
downstream of the laminar separation bubble. 
(3) The arrival, at the leading-edge region, of a thin 
stratum of reversed flow travelling forward from the 
trailing edge. This behaviour was described as a 'tongue 
of reversed flow', since it was found that no upper-
surface pressure divergence was observed, indicating 
possible boundary-layer separation. 
(4) The appearence of transonic flow near the leading edge 
(M->O.2). 
The mechanism that first succeeds in triggering vortex 
shedding will depend on the parameters listed in Table 1.1. A 
detailed review of these vortex inception mechanisms is given 
by Young (1981). 
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1.3.4 Unsteady Stall Classification 
McCroskey at al (1980) combined the initial boundary-layer 
disturbance, preceding vortex inception, with the subsequent 
direction of propagation, either upstream or downstream, to 
generate the following unsteady stall types: 
(i) Leading-edge stall; bursting of the laminar separation 
bubble. 
(2) Abrupt trailing-edge stall; a turbulent reseparation 
propagating upstream from behind the laminar separation 
bubble. 
(3) Trailing-edge stall; tongue of reversed flow moving 
upstream from the trailing-edge. 
(4) ~xed stall; a combination of (i) and (3) OR a modified 
version of (2) in which the disturbance travels both 
upstream and downstream from the 25% chord region. 
When considering the inability of numerical boundary-layer 
methods to indicate a possible vortex formation mechanism, 
McCroskey (1975) commented that, because of this constraint, 
. 
"the boundary-layer approximation will probably have to be 
abandoned". However, if the amount of flow reversal, 
indicated by the computational method, is used in conjunction 
with the above experimentally-obtained vortex trigger 
- 10 -
mechanisms, then the possibility exists, that, for a given 
aerofoil, the type of unsteady stall may be predicted. 
Although impressive progress has been made in the recognition 
of vortex initiation mechanisms, no unique correlation of 
unsteady stall type with the parameters listed in Table 1.1 
exists. As with static stall characteristics, a detailed 
knowledge of the dependence of dynamic stall on aerofoil 
geometry would be extremely useful. In order to achieve this 
knowledge, a large amount of unsteady experimental research 
will be required to obtain a detailed understanding of the 
dynamic stall process. 
1.3.5 Dynamdc stall Prediction Techniques 
Several approaches have been taken in the past to predict and 
analyse dynamic stall using various modelling techniques. In 
general, these methods invoke certain assumptions and are 
therefore often tailored to model specific stall regime 
features. Excellent reviews of the current predictive schemes 
are given by Beddoes (1980), McCroskey (1981), Johnson (1986) 
and Ericsson and Reding (1988). However, to complete the 
prelsent discussion, a summary is now presented which 
indicates some of the deficiencies associated with each 
model. 
- 11 -
Generally, each model can be classified according to the 
prediction technique used: 
(1) Discrete Potential Vortex Approach. 
(i) Does not model viscous effects. 
(ii) Cannot predict vortex initiation point. 
(2) Zonal <or Viscous-Inviscid> Xethods. 
Two subsets exist: 
(a) Uncoupled - (i) No interaction between viscous and 
inviscidregions, Therefore only 
models light stall regime. 
(b) Coupled 
(ii) No indication of possible vortex 
trigger mechanism. 
(i) Assumptions made about unsteady wake 
geometry. 
(ii) Does not account for thin layer of 
reversed flow near wall. 
(iii) Vortex shedding not modelled. 
(3) Iavier-Stokes Calculations. 
(i) Problems with unsteady turbulence modelling. 
(ii) Large computational times. 
(4) Bmpirical Correlation Techniques. 
(i) Relies heavily on unsteady wind tunnel data and a 
knowledge of the factors which affect dynamic stall. 
(ii) Does not contribute to the detailed understanding of 
the dynamic stall process. 
- 12 -
The helicopter industry has developed several engineering 
prediction techniques, based on empirical correlations of 
wind tunnel data, allowing the effects of dynamic stall to be 
included in helicopter flow calculations. These methods seek 
to correlate the appropriate force and moment data as 
functions of the numerous parameters that govern the dynamic 
stall process. A common aspect of these empirical techniques 
is that these correlations are used as corrections to steady-
state aerofoil data, so that the geometrical, Reynolds 
number, and Mach number effects are included only insofar as 
they determine the static characteristics. However, this 
assumes an aerofoil's unsteady behaviour will display a 
similar dependence on these parameters as was observed in the 
steady state. 
A particular class of empirical model assumes that each 
dynamic stall event is governed by a separate universal 
dimensionless time constant of the form T = U_At/c, 
regardless of the time history of the motion. A notable model 
adopting this approach was presented by Beddoes (1975) and is 
illustrated in Figure 1.6. A detailed discussion of the stall 
progression and associated time delay calculations particular 
to this method, is presented in Chapter 7. Further research 
by Beddoes (1978) illustrated that, for particular aerofoils 
at low Mach number (M-(O.35), the prediction of dynamic stall 
onset was influenced by the presence of trailing-edge 
separation. Therefore, a detailed knowledge of this effect 
would be beneficial. At present the only practical means of 
determining an aerofoil's unsteady separation 
- 13 -
characteristics, and studying their dependence on the 
parameters mentioned above, is via a series of unsteady wind 
tunnel experiments. 
1.4 Present York 
1.4.1 Objectives 
Clearly, empirical modelling relies heavily on unsteady wind 
tunnel data and a knowledge of the factors which affect 
dynamic stall. One such factor is the influence of trailing-
edge separation on the sequential timing of the dynamic stall 
process. Therefore, to investigate this aspect the objectives 
of the present work were as follows: 
(1) to select an aerofoil, typical of current helicopter 
rotor profiles, which exhibited a stall by the mechanism 
of trailing-edge separation at low Mach number. For 
future clarity this profile will be referred to as the 
'basic' or 'donor' aerofoil. 
(2) to modify the selected aerofoil in such a manner that 
would retain the leading-edge pressure distribution 
whilst forcing an earlier and more gradual trailing-edge 
separation growth. 
(3) to test the modified aerofoil under unsteady conditions 
and, by comparision with existing experimental data for 
the basic profile, provide preliminary information into 
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the effects of trailing-edge separation on the dynamic 
stall process. If both aerofoils were tested in the same 
wind tunnel, under similar conditions, then any observed 
differences in dynamic stall performance may be directly 
attributed to the change in trailing-edge separation 
characteristics. 
1.4.2 Outline of Dissertation 
The chapters of the dissertation are organised in a manner 
which represents the sequence of events adopted to accomplish 
the stated objectives of the research project. 
Chapter 2 describes a test facility, previously developed at 
the University of Glasgow by Leishman (1984), and designed 
for the investigation of dynamic stall. Chapter 3 describes 
the selection of the donor aerofoil section, subsequent 
modification to enhance the trailing-edge separation 
characteristics, and the structural design and construction 
of a fully instrumented (i.e., pressure transducers and hot-
film gauges) wind tunnel model possessing the required 
section geometry. Chapter 4 details an experimental 
investigation into the applicability of the modification 
procedure via the technique of oil-flow visualisation. 
Chapter 5 presents the results from a series of steady-state 
tests on the instrumented modified aerofoil. Chapter 6 
presents the unsteady aerodynamic forces obtained for the 
modified aerofoil during various oscillatory tests. On 
comparison with similar wind tunnel data previously collected 
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for the donor aerofoil, several systematic methods of 
estimating the effects of trailing-edge separation on the 
dynamic stall process are presented. Chapter 7 describes the 
unsteady aerodynamic forces obtained during a series of ramp 
tests designed to study the sequential timing of dynamic 
stall. An analysis of the pressure data relevant to empirical 
modelling techniques is presented. Chapter 8 details a hot-
film investigation into the type of unsteady boundary-layer 
separation characteristics associated with both the donor and 
modified aerofoils. Finally, Chapter 9 summarises the work of 
the previous Chapters, and highlights the main conclusions 
concerning the effects of trailing-edge separation on the 
dynamic stall process. Appendix A contains an intermediate 
overview of the research work as published in Vertica (1987). 
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CHAPTER 2 
BURRI KRUAL APPARATUS 
2.1 Intrpduction 
Since October 1980, the Department of Aeronautics and Fluid 
Mechanics at the University of Glasgow has been developing a 
facility to experimentally investigate the low speed dynamic 
stall characteristics of current and projected helicopter 
rotor aerofoils. A detailed description of the design and 
development of the facility is documented by Leishman (1984). 
The present investigation utilises this dynamic stall test 
rig and therefore, for completeness, a brief description of 
the experimental apparatus is given below. 
2.2 Descriptign of A~ratus 
2.2.1 Wind Tunnel 
The Glasgow University 'Handley Page' wind tunnel, 
illustrated in Figure 2.1, is a low speed closed-return type 
with a 1.61 x 2.13m octagonal working section. As shown in 
Figure 2.2, the test aerofoil, of chord length 0.55m and span 
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1.6lm, was mounted vertically within the working section. The 
model was pivoted about the quarter chord position on two 
tubular steel shafts connected to the main support via two 
self-aligning bearings (the model weight being carried by a 
single thrust bearing on the top beam). The aerofoil was 
constructed of a glass-fibre skin filled with balsa wood and 
mounted on a hollow aluminium sparj a detailed description of 
the structural design is presented in Chapter 3. 
2.2.2 Pitch Drive Mechanism 
Angular displacement of the aerofoil was obtained using a 
linear hydraulic actuator and crank mechanism. The actuator 
was mounted horizontally below the wind tunnel working 
section, with the crank rigidly connected to a tubular 
extension of the aerofoil's internal spar. The actuator was a 
UNIDYNE 907/1 type with a normal dynamic thrust of 6.1 KN 
operated from a supply pressure of 7 MNm- 2 • A MOOG 76 series 
450 servo valve was used via a UNIDYNE servo controller unit. 
A suitable feedback signal for the controller was provided by 
a precision linear angular displacement transducer. 
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2.2.3 Data Acquisition and Control System 
The data acquisition unit was a DEC MINC-l1 microcomputer, 
configured with an LSI-11/23 16-bit microprocessor and four 
standard laboratory modules which included: 
(1) A combined AID converter module and 16 single-ended 
channel multiplexer. This was a successive approximation 
type which converted the instantaneous value of a voltage 
applied to one of its inputs into a 12-bit binary value. 
Conversion time was approximately 30 ~s, but multiplexer 
settling time, channel selection, and transfer of data from 
the AID converter register to memory increased the conversion 
time to 44 ~s. 
(2) A multiplexer module, of 16 single-ended channels. This 
increased the number of channels that could be sampled to 
a total of 32. 
(3) A real-time clock module, with two Schmitt triggers. This 
was used as a time-base generator to accurately set the 
sampling frequency. The desired overflow value of the 
counter was determined from the frequency of oscillation 
at run time, with the constraint that 128 sample sweeps 
be obtained during each cycle. One of the Schmitt 
triggers was used for data sampling initiation and 
counter start, by setting the trigger voltage to that 
from the angular displacement transducer corresponding to 
a particular angle of incidence. 
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(4) A D/A converter module which housed four independent 12-
bit D/A converters. This was used to power the angular 
displacement transducer and provide a signal to the 
actuator controller. 
The input signal to the actuator controller allowing 
incrementation of the aerofoil's angle of incidence during 
the sta.tic test was provided under software control by one of 
the four D/A converters mentioned above. This was possible 
because sufficient time between sampling was available and, 
during the sampling, the incidence was fixed. The two 
activities were separate and carried out sequentially. 
However this was not the case for the unsteady tests where 
sampling and model motion were required simultaneously. The 
input signal for the oscillatory tests was, therefore, 
provided by an IEEE controlled FARNELL DSG2 synthesised 
function generator, the amplitude and frequency of which was 
set via the minicomputer at the start of each test condition. 
The ramp function generator comprised of a PET microcomputer 
interfaced with an 8-bit D/A converter which transformed the 
digital outputs of the PET into analogue form for command 
input to the controller. In built in the D/A converter was a 
scaler to provide manual adjustment of the maximum desired 
voltage output when all the digital inputs were high, thus 
. 
ensuring that the maximum resolution of 255 increments was 
achieved. The parallel liD part of the PET was configured as 
output lines by software and used to communicate with the D/A 
converter. A ramp signal was obtained by incrementing the 
PET's output lines sequentially from 0000 0000 to 1111 1111, 
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. .., 
• 
while the desired delay between increments was generated by a 
software counter. 
The path of data flow and system layout is illustrated 
diagrammatically in Figure 2.3. The main test control 
programs were written in FORTRAN 4, and were designed to 
prompt the user for specific run information before calling a 
specialised sub-program, written in MACRO 11 assembly 
language, to control the AID conversion sequence. The timing 
and control of the AID converter and associated circuity were 
performed by the processor, but channel selection, data 
transfer and data management were done under software control 
which optimised the conversion code for the specific task. 
2.2.4 Pressure Instrumentation 
The chordwise surface pressure distribution was measured 
using thirty ultra-miniature silicon strain-gauge pressure 
transducers (ENTRAN EPI-080-5 and KULITE LSQ-57) installed 
just below the surface of the aerofoil's centre section. The 
transducers were of sealed-gauge type with one side of the 
pressure-sensitive diaphragm sealed to a reference pressure 
during manufacture. Each transducer was fitted with a 
temperature compensation module, which minimised the change 
of zero offset and sensitivity with temperature. The location 
of the transducers on the aerofoil are shown in Figure 2.4. 
The low voltage outputs from the thirty pressure transducers 
were suitably amplified and conditioned in a bank of 
differential amplifiers before passing to a sample and hold 
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unit to overcome the time skew problems associated with 
sequential analogue multiplexing and AID conversion. 
The dynamic pressure in the wind-tunnel working section was 
determined by a pitot-static probe mounted on the tunnel 
sidewall approximately one chord length upstream of the 
aerofoil's leading edge. This probe was connected to a 
FURNESS MDC FC 012 micromanometer which, in addition to the 
digital display of the dynamic pressure in mm H20, provided a 
differential voltage output to the data acquisition system. 
2.2.5 Bot-Film Equipment 
An examination of the aerofoil's upper surface boundary-layer 
shear stress characteristics was carried out via 12 DANTEC 
hot-film probes. These sensors were operated in the constant 
temperature mode by twelve CTA bridges designed and built at 
the University of Glasgow. The output from each CTA bridge 
was interfaced with an SE-LABS SE2100 MULTI-CHANNEL ULTRA-
VIOLET RECORDER via an individual voltage attenuator 
consisting of a series and parallel resistor chosen, in 
conjunction with the source impedance, to obtain the correct 
galvanometer damping and sensitivity for optimum performance. 
As indicated in Figure 2.4, each hot-film was positioned 
opposite a particular pressure transducer orifice and 
staggered in the spanwise direction to avoid operation in the 
wake of an upstream gauge. No calibration was performed on 
the CTA signals, as the objective of the present work was 
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only to investigate the qualitative behaviour of the boundary 
layer under steady and unsteady conditions. 
2.3 Test Prpcedure 
Due to the thermal characteristics of the tunnel and the 
problem of pressure transducer drift, a precise sequence had 
to be followed before initiating a test. Prior to any series 
of tests, the tunnel was run for approximately 20-25 minutes 
to achieve thermal stability at around 28·C, allowing the 
pressure transducers to be brought into a temperature range 
where the offset drift compensation units were most 
effective. Before each individual test, the tunnel was shut 
down and the air flow allowed to cease before the transducer 
offsets were logged. Immediately after this logging, the 
appropriate data acquistion routine was initiated whilst the 
tunnel was brought up to speed and thence data gathered as 
per the software prompts. 
The static data presented in Chapter 5 were obtained during 
continuous running of the tunnel whilst the aerofoil's angle 
of incidence was first incremented, from around -2.0·, in 
discrete steps of approximately 0.5- through a 30· change, 
and then decremented in a similar manner. After each 
incidence change, a delay of a few seconds took place before 
the data were sampled. One hundred sample sweeps of each 
transducer were taken and averaged at each incidence. For 
each unsteady test condition, ten cycles of oscillatory data 
were recorded, whilst, to maintain similar data management 
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~nd stor~ge, five cycles were collected for ramp runs (i.e., 
data sampling was carried out during both ramp-up and hold, 
this being equivalent to two oscillatory cycles). If, on 
completion of a test, the overall change in air temperature 
was less than 2·C, further runs could proceed. However, if 
the temperature change exceeded 2·C, the tunnel was shut down 
and offsets re-logged. This procedure minimised the effect of 
thermal offsets on the transducers. 
2.4 Data Presentatign 
All data collected by the data acquisition routines were 
stored in unformatted form on disc and magnetic tape. A data 
reduction program was used to convert the cycles of raw data 
into averaged or unaveraged non-dimensional pressure 
coefficients by applying offsets, gain, calibration, etc., to 
the raw data. These coefficients were transferred to a DEC 
VAX 750, where details were stored on the University of 
Glasgow Aerofoil Database, as described by Leitch and 
Galbraith (1987). A further library of programs is available 
for the presentation of the data in this form. During the 
processing of unsteady data, no account was taken of tunnel 
interference effects, these being treated as unknown. To 
facilitate a direct comparison with the unsteady tests, 
static data was also left uncorrected. 
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CHAPTER 3 
TEST lERQFOIL 
3,1 Introduction 
During the autogyro era of rotary-wing flight it was quickly 
realised that the use of aerofoils with high aerodynamic 
pitching moments led to extreme blade twisting and high 
control loads. These experiences led to a period of almost 
exclusive use of low pitching-moment symmetrical aerofoils. 
The later development of stiffer blades and irreversible 
control systems allowed the use of aerofoils promising a 
significant aerodynamic improvement over the symmetrical 
section. Possibly the most significant advance in rotor 
aerofoil design was the introduction of leading-edge camber. 
This particular geometrical arrangement was found to produce 
a high maximum lift coefficient and, even though a negative 
zero-lift pitching moment was induced, this was seen as a 
desirable rotor characteristic. For example, rotor 
performance would be improved by exchanging the blade section 
from the NACA 0012 to the NACA 23012. A notable optimisation 
of leading-edge camber and radius was carried out on the NACA 
23012 aerofoil by Davenport and Front (1966) which resulted 
in the Boeing-Vertol VR profiles. Later aerofoil designs 
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regulated the magnitude of the negative pitching moment by 
reflexing the trailing edge, either as an integral part of 
the geometry or as an add-on trim tab. Although this 
arrangement has been shown to be detrimental to both the 
maximum lift and drag divergence characteristics (Dadone, 
1978), it is still incorporated into new aerofoil designs, 
especially those dedicated for use in the inboard region of 
the rotor blade. 
Whilst considering existing steady two-dimensional aerofoil 
test data, Prouty (1975) indicated that the most significant 
steady aerodynamic characteristics were related to a few key 
geometrical parameters e.g., Figure 1.3. A subsequent review 
of current rotor aerofoil optimisation methods by Dadone 
(1978) extended a similar analysis into the unsteady stall 
regime by examining the relationship between static stall and 
aerodynamic damping. He concluded that the only aerofoil 
design constraint with any direct bearing on the unsteady 
aerodynamic performance was one that reqUired the static 
stall to be gradual at Mach numbers between 0.3 and 0.4. 
McCroskey et al (1980) studied the dynamiC stall 
characteristics of eight aerofoils. Their results provided a 
unique comparison of the effects of section geometry in a 
simulated rotor environment. However, each aerofoil 
. 
sicultaneously varied in thickness, camber and leading-edge 
radius, hampering any independent attribution of one 
particular geometrical difference on the final dynamic stall 
response. Similar investigations were performed by Wilby 
(1980 & 1984) in which RAE/ARA unsteady test data were 
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examined, and an attempt to quantify the effect of specific 
section geometrical parameters on dynamic stall was made. 
Although there has been considerable advancement in the 
understanding of the effect of section geometry on dynamic 
stall, there is still a clear need for further experimental 
investigations in order to expand existing data bases. The 
present chapter considers the selection and modification of a 
particular aerofoil that, when tested under unsteady 
conditions, will, on comparison with existing experimental 
data for the original section, provide preliminary 
information into the effects of trailing-edge separation on 
the dynamic stall process. 
3,2 Chgice gf Dougr Aerg!gil 
The NACA 23012 aerofoil represents a typical helicopter rotor 
profile which utilises the effects of leading-edge camber to 
increase its overall aerodynamic performance. For many years 
this aerofoil has been the subject of many aerodynamic tests, 
and the subsequent accumulation of data is well documented 
within the literature (e.g., Abbott and von Donhoff, 1959, 
Miley, 1982). One dominating feature of this aerofoil is its 
unusual stalling characteristics. On the basis of its abrupt 
lift collapse one might have expected a leading-edge stall. 
However, as predicted by Gault (1957), this aerofoil should 
exhibit a trailing-edge type stall. This apparent 
contradiction was found to be due to a rapid growth of 
trailing-edge separation at a critical incidence of 14.2-
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(Leishman, 1984). Prouty (1975) suggested that this 
characteristic could actually be considered to be one of a 
"very good aerofoil which achieves its maximum lift 
coefficient by maintaining attached flow at both the leading 
and trailing edges longer than other aerofoils. However, when 
the flow does separate, the resultant stall is abrupt". 
Over the past few years the NACA 23012 aerofoil has been the 
subject of intensive aerodynamic testing at the University of 
Glasgow (e.g., Leishman, 1984, Seto and Galbraith, 1984). 
This has allowed a reasonable picture of its unsteady 
stalling characteristics to be obtained and thus it satisfied 
all the requirements for the selection as the donor aerofoil. 
3,3 Type of BodificatioD 
The generally accepted dependency of aerodynamic 
characteristics on section geometry then suggests that only a 
small profile modification to the NACA 23012 aerofoil may 
significantly alter its sensitive stalling behaviour. As 
previously mentioned, a useful modification to this aerofoil 
would be one which retained the leading-edge conditions 
whilst forcing an earlier and more gradual trailing-edge 
separation growth. It is well known (Chang, 1976) that a 
region of adverse pressure gradient will, if persistent 
enough, cause a boundary layer to separate. It follows from 
this that in order to increase the probability of boundary-
layer separation within a given region, one should increase 
the applied adverse pressure gradient. Therefore, a 
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modification to the separation characteristics of the NACA 
23012 may be achieved by a specified alteration,to the 
existing adverse pressure gradient over the rear upper 
surface. 
To permit an assessment into the applicability of an existing 
theoretical aerofoil design technique, it was decided that an 
attempt to quantify the type of modification in terms of the 
theoretical upper surface pressure distribution, rather than 
an heuristic geometrical alteration to the section, should be 
made. This requirement led to an aerofoil design technique 
which, as illustrated in Figure 3.1, comprised of four 
algorithms: 
(1) A 'forward' potential flow panel method (Leishman and 
Galbraith. 1985) replaced the aerofoil contour by an 
inscribed polygon on which was placed a variable strength 
vortex distribution. The strength of this distribution 
was calculated using the boundary conditions of surface 
flow tangency and Kutta trailing-edge flow. This 
algorithm was used to calculate the inviscidpressure 
distribution about the donor aerofoil. 
(2) A procedure by which this pressure distribution could be 
methodically modified. 
(3) An 'inverse' potential flow panel method (Vezza. 1986). 
This procedure was used to generate the coordinates of an 
aerofoil possessing the modified pressure distribution. 
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The inverse algorithm simply took the donor aerofoil 
geometry and adjusted the influence coefficients of the 
panel matrix to satisfy the new pressure distribution. 
The process was iterative and, for small modifications in 
pressure gradient, converged well. 
(4) A boundary-layer calculation to determine the success of 
the modification by indicating the relative change in 
trailing-edge separation as compared to that predicted 
for the donor aerofoil. This procedure was adapted, for 
use at the University of Glasgow, from an algorithm given 
by Moran (1984). The calculation used Thwaites method for 
the laminar region and Heads method for the turbulent 
region. Transition was set to occur at the point of 
minimum pressure during which the shape factor became 1.5 
and turbulent separation was indicated when a value of 
2.8 was reached. Unlike Dutt and Sreekanth (1980) this 
algorithm was not integrated with the inverse panel 
method as it was felt that its ability to predict 
boundary-layer thickness and separation position was 
insufficient. 
Although algorithms (1) and (3) were already available at the 
University of Glasgow, a procedure for modifying the pressure 
gradient had to be developed. The pressure gradient over an 
arbitrary body moving through a fluid can be calculated using 
the relationship: 
~ =-Ue dUe 
p de de (3.1) 
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Equation (3.1) can be easily converted into the following 
form, suitable for a panel method (see Figure 3.2): 
~l _ 
~ dsJic- (3.2) 
where ~~ and ~~_1 are the vortex strengths at the panel 
corner points and L~ the panel length. 
The procedure used to modify the pressure gradient was 
essentially a curve fitting routine conforming to three 
boundary conditions. If, for instance, the pressure gradient 
between a point %nc and the trailing-edge was to be altered, 
then the following three boundary conditions would apply: at 
Xnc both magnitiude and gradient must match the donor 
aerofoil's pressure gradient distribution, and at the 
trailing edge the magnitude must equal a specified value. 
Once the type of modification was chosen, the new vorticity 
distribution could be calculated and input into the inverse 
panel program. This was carried out from %nc towards the 
trailing edge using the following form of equation 3.2: 
(3.3) 
where m indicates the modified value of pressure gradient. 
This obviously gave a different value of ~1 than the 
original, and therefore to satisfy the Kutta condition ~N+l 
had to be altered accordingly. During modification, all 
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vortices, except II to lnc inclusive and IN_l, were held 
constant at their original values. A consequence of this 
criterion was, that for a large modification the following 
error conditions would occur: 
(1) The right-hand side of Equation 3.3 would become negative 
before the trailing edge was reached. 
(2) A noticeable discontinuity in pressure gradient over the 
Nth panel would appear. 
Therefore, in order to achieve a sensible distribution of 
vorticity, and hence a reasonably designed profile, only 
small alterations in pressure gradient were implemented. 
Several forms of modification curve were examined, and it was 
concluded that the 'best fit' was achieved by the use of a 
conic parabola. In terms of pressure gradient this had the 
following form: 
(3.4) 
where (a,b) is the vertex position. 
If the stalling characteristics of the NACA 23012 were to be 
al tered, then the pressure gradient at the cri tical incidence 
of 14.2- would be an ideal basis on which to quantify the 
modification. Figure 3.3 illustrates this particular 
condition, complete with two subsequent modifications 
designed to increase the severity of the donor pressure 
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gradient. When input into the inverse panel program, the 
pressure gradient curve labelled MOD1 gave rise to the 
aerofoil illustrated in Figure 3.4, subsequently designated 
the NACA 23012(Ml). It is interesting to note that this 
particular profile has a slight reflex trailing edge which 
was discovered to be a consequence of holding the lower 
surface vortices constant. However, as discussed in Section 
3.1, this could easily represent a typical inboard rotor 
blade profile, and therefore was not seen as detrimental to 
the present experiment. 
The results obtained from the boundary-layer algorithm, 
illustrated in Figure 3.5, indicated the NACA 23012(Ml) 
aerofoil to display an enhanced separation characteristic 
which implied the pressure gradient modification procedure 
was an adequate method of profile alteration. To facilitate a 
more thorough investigation into the modified aerofoil's 
steady-state boundary-layer separation characteristics, the 
technique of oil-flow visualisation was adopted. The main 
requirement for this particular procedure was a simply-
constructed model possessing an aerodynamically smooth 
surface (Section 3.4), and was therefore ideal for the 
current application. Although a full presentation of the oil-
flow experiments is given in Chapter 4, selected results are 
illustrated here to maintain the logic of the present 
discussion. As illustrated in Figures 3.5 and 3.6, the 
results obtained, for the NACA 23012(Ml), from both the 
boundary-layer program and the oil-flow tests suggested that 
the modification to the original trailing-edge separation 
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characteristics, displayed by the NACA 23012, was relatively 
small. It has been shown within the literature, that unsteady 
conditions can suppress the effects of trailing-edge 
separation. Therefore, in a dynamic situation, any small 
differences in separation characteristics, between two 
aerofoils could easily be obscured. Based on this previous 
experience, it was decided that a second modification to the 
NAGA 23012 should be implemented. The subsequent pressure 
gradient alteration, labelled MOD2 in Figure 3.3, gave rise 
to the NAGA 23012(A) aerofoil illustrated in Figure 3.7, 
whose coordinates are listed in Table ·3.1. It is interesting 
to note that during the iterative procedure, adopted by the 
inverse panel method, an abrupt discontinuity at the trailing 
edge appeared. This is a typically encountered problem when 
applying a potential flow panel method to an aerofoil with a 
cusped or thin trailing edge. Under these circumstances, the 
influence coefficient matrix tends to become ill-conditioned. In 
Figure 3.8 a comparison between the theoretical pressure 
distribution over the NAGA 23012(A) and the NAGA 23012, at an 
incidence of 14.2-, is illustrated. 
Both the boundary-layer program and the oil-flow experiments 
showed the NACA 23012(A) to have a substantially enhanced 
trailing-edge separation growth (see Figures 3.4 & 3.5). It 
is interesting to note that although the boundary-layer 
prediction and the oil-flow results do not agree in absolute 
value, they do display a similar relative difference between 
all three aerofoils. The steady-state separation growth 
displayed by the NAGA 23012(A) was assumed to be sufficient 
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to influence the aerofoil"s unsteady stall performance, and 
therefore it was decided that a fully instrumented wind 
tunnel model of this aerofoil should be designed and 
constructed. 
3.4 Structural Design of the IACA 23012(A) 
In general, the type and construction of a wind tunnel model 
are dictated by the tunnel in which it is to be tested and 
the type of test to be implemented. In most situations the 
criterion for model strength is one based on deflection 
rather than yield load limits (Pope, 1954). To satisfy this 
requirement the final model design should possess both high 
rigidity in torsion and flexure. Equivalent importance must 
be given to those structural aspects which depend on the type 
of test i.e., model accuracy, instrument accessibility and 
maintenance. Also, though perhaps not a strict design 
criterion, is the problem of handling the model during 
installation and removal. This requirement can be alleviated 
by keeping the model weight to a minimum. However, this may 
be found to be in conflict with the high rigidity 
requirement, and hence the final model design may become 
quite complex. A possible wind tunnel model specification may 
comprise of the following requirements: 
(1) The estimation of the aerodynamic and inertia loads 
likely to be encountered during the test. 
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(2) The calculation of steady-state and aeroelastic 
structural deflections 
(3) The estimation of any relevant natural frequencies. 
It was anticipated that the present investigation into the 
effects of a modification in trailing-edge geometry would be 
a precursor to a series of similar experiments requiring 
equally dedicated wind tunnel models. To comply with this 
requirement a facility to manufacture aerofoil models of 
arbitrary section was developed, at the University of 
Glasgow, utilising a wax moulding process. In general, the 
construction method consisted of the following steps: 
(1) Construction of a female half-mould <either upper or 
lower surface) from progressive cutting of a wax block. 
<2) Fabrication, at the desired position within the mould, of 
any particular sections of the model surface required to 
be removable in order to access internal instrumentation. 
<3) Lay-up of a continuous spanwise glass-fibre/resin skin. 
This was achieved by over-laying the previously 
constructed removable panels, positioned in the mould at 
the reqUired locations, with the fibre mix, thus allowing 
them to lie flush with the external surface without 
breaking the structural continuity of the main load 
bearing skin. 
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(4) Interior construction with a suitable filler material 
e.g., balsa or foam, etc. This part of the design must 
allow for the possible insertion of a spar and instrument 
wiring. 
This procedure was then repeated for the remaining half-model 
before final bonding was implemented. A distinct advantage 
offered by this method was the ability to construct a simple 
glass-fibre/balsa model <i.e., no internal instrumentation or 
spar) quickly and accurately. This facility was extensively 
used for the construction of aerofoil models dedicated to 
oil-flow experiments. 
Once the oil-flow tests had been completed it was decided 
that useful structural information, relevant to any future 
model design, could be obtained by a series of three 
experiments consisting of the following: 
(1) The calculation of the torsional stiffness of the basic 
glass-fibre/balsa model. This was achieved by the 
construction of a test rig designed to twist the model 
with a known torque whilst monitoring the resulting 
torsional deflection. For a given applied torque the 
twist was measured at three spanwise positions, thus 
allowing for the calculation of both the torsional 
stiffness (Ke) and rigidity (GJ) <see Figure 3.9). This 
information was then used to generate the design 
requirements for an internal spar. 
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(2) The est~blishment of the centre of gr~vity by 
simultaneous suspension of the model and a plumb-bob from 
various paints and locating the point of intersection of 
the resulting plumb-lines 
(3) The calculation of the moment of inertia about the 1/4 
chord by means of a physical pendulum test. 
Using the aforementioned wind tunnel model design criteria, 
the final structural composition of the NACA 23012(A) was 
completed and is illustrated in Figure 3.10. The aerofoil 
model contained a removable centre-span instrument pod and a 
hollow Aluminium spar (see Figure 3.11) designed to keep the 
weight at a minimum without reducing torsional rigidity. A 
summary of the structural design is given in Table 3.2 in 
which the structural deflection calculations were based on 
previously obtained unsteady aerodynamic data on the NACA 
23012 aerofoil. 
As mentioned earlier, instrument accessibility is an 
important aspect of any wind tunnel model design. In this 
particular model, the instrument pod housed thirty miniature 
silicon strain-gauge pressure transducers. Due to their small 
size (2mm diameter) and delicate wiring each transducer was 
mounted inside a perspex block which was vented to the 
atmosphere via a short length of O.8mm bore PVC tubing. As 
illustrated in Figure 3.12, the postion of this tube was 
varied to accommodate for the higher density of transducers 
at the leading edge. Each perspex block was then'located 1n 
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the pod using an elastometric sealant, and the resulting 
wiring passed through an internally embedded 6mm bore PVC 
tube. This arrangement greatly assisted the initial insertion 
and later servicing of each transducer. 
3.5 Conclusions 
A method enabling the generation of a geometrical alteration 
to a standard aerofoil, allowing a modification in its static 
stall separation characteristics, has been developed. This 
method utilised a theoretical aerofoil design technique which 
quantified the geometrical difference in terms of a 
modification to theinviscidpressure gradient. The NACA 23012 
aerofoil was successfully modified in such a manner that 
would enhance the trailing-edge separation characteristics 
whilst retaining the leading-edge pressure distributionj the 
subsequent aerofoil was designated the NACA 23012(A). The 
comparison of the unsteady performance of this aerofoil with 
that of the NACA 23012 should provide preliminary information 
about the effects of trailing-edge separation on the dynamic 
stall process. 
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CHAPTER 4 
FLOY VlSUALlSATIOI 
4.1 Introduction 
An aerofoil's boundary-layer characteristics may be studied 
by coating its surface with a thin layer of oil which, under 
the action of the local wall shear stress, indicates the 
surface streamline (Chang, 1976). Since a separation line is 
generally an envelope of surface streamlines it can be 
visualised by this technique. Before assessing any measured 
pressure distributions it is often desirable to have a 
knowledge of the extent and form of any three-dimensional 
flow effects. This is of particular importance for, in the 
presence of induced-flow conditions, the pressure transducers 
may not lie within a region of nominally two-dimensional 
flow. The aim of this section of work was to investigate the 
flow development and degree of separation over two 
derivatives of the NACA 23012 aerofoil designed by the 
inverse technique described in Chapter 3. By establishing the 
amount of trailing-edge separation over each aerofo!l, an 
insight into the applicability of the inverse aerofo!l 
technique was obtained. The oil-flow visualisation technique 
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represented an easy and effective method of achieving this 
investigation 
4.2 Flow visualisation Technique 
The oil-film technique, adopted for this series of tests, 
consisted of smearing the aerofoil's upper surface with a 
petroleum-based lubricating oil containing a suspension of 
fluorescent additive. When illuminated by ultra-violet light, 
the resulting mixture fluoresced and, after 'exposing' the 
coated aerofoil to the required airflow, the resulting 
pattern was recorded on black and white film. Good 
photographic contrast was obtained by removing the ultra-
violet light by means of a yellow filter. The exposing of the 
oil consisted of setting the aerofoil incidence and then 
raising the airspeed from zero to the test value. As was 
pointed out by Gregory et al (1970), the static stall is a 
function of incidence and Reynolds number, as well as the 
direction in which these parameters are varied, since there 
may be a difference in the corresponding movements of 
separation and reattachment fronts. Thus, for the current 
tests, the separated flow present during flow acceleration, 
to the test velocity, could have been, to some extent, 
suppressed and modified by the acceleration itself. In order 
to study these effects a series of slow ramp tests was 
carried out, the results of which will be discussed Section 
4.5. 
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Development of the flow pattern was allowed to proceed until 
either no further modification was likely or, in regions of 
oil accumulations, gravitational effects began to cause major 
distortion. To observe the aerofoil's overall stall 
development, a series of oil-flow patterns were obtained for 
a range of incidence values. Each resulting pattern was then 
photographed, producing a standard method of documenting the 
stall. An estimation of the separation point was then made by 
direct measurement from the photograph. Although an error of 
±3% was assigned to these assessments, it was unknown to what 
extent the oil influenced the final separation point. 
Unfortunately, due to structural considerations, the aerofoil 
had to be mounted vertically within the wind tunnel and 
therefore, in regions of weak shear stress, the effect of 
gravity gave a downward bias to the oil flow. This 
occasionally led to difficulty in interpreting the final 
'developed' flow pattern, especially in the region of the 
tunnel roof. As well as supplying information about the 
extent of trailing-edge separation, the final oil-flow 
pattern also indicated the position of the laminar separation 
bubble and the nature of any corner flow . 
•. 3 Oil-Flow Gharacteristcs at the lAC! 23012 Aerotoil 
. 
A series of oil-flow tests were carried out, on the NACA 
23012 at 1.5 x 106 Reynolds number, by Seto et ~1 (1984), and 
for a complete visual comparison with the modified NACA 23012 
aerofoils their photographic results are presented in Figure 
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4.1. A summary of their conclusions concerning the stall 
development is as follows: 
(1) The aerofoil exhibited a rapid trailing-edge stall 
characteristic. 
(2) The degree of flow three-dimensionality depended on the 
amount of trailing-edge separation present. Above an 
incidence of 14.0·, two distinct vortices formed at the 
outer span positions. 
(3) The trailing-edge separation front became irregular and 
unsteady as the stall progressed. 
(4) There was no indication of separation at the 
aerofoil/tunnel junction prior to the establishment of 
three-dimensional flow. 
(5) That it was unlikely that three-dimensional flow 
developments would be of significance prior to the 
attainment of maximum lift. 
Further observations of the stall development on the NACA 
23012 are discussed by Leishman (1984). 
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4.4 Oil-Flow Characteristics of TWO .gdified BACA 23012 
Aergfoils 
4.4.1 The IACA 23012(X1) 
As mentioned in Chapter 3, two aerofoils were derived from 
the NACA 23012 using the inverse technique. The decision to 
design the second modification was based on the following 
oil-flow results obtained for the NACA 23012(M1). 
Figure 4.2 shows the flow development on the NACA 23012(M1) 
obtained for various angles of incidence at a Reynolds number 
of 1.5 xl06. Up to an angle of 11.4- the flow was essentially 
two-dimensional, and it was observed that the boundary layer 
underwent a laminar to turbulent transition which moved 
towards the leading edge with increasing incidence. At 12.5-
the boundary layer began to separate asymmetrically from the 
trailing edge, with a tendency towards a larger separated 
region over the lower half span. For angles greater than 
13.0- this asymmetry became significant and the three-
dimensional flow increased. Two 'stall induced' vortices 
developed on the upper surface at 15.7- causing the flow 
pattern to become symmetrical with respect to the mid-span. 
Angles of incidence greater than 15.7- had stable symmetrical 
separation fronts, and the vortex pair was still present at 
20.0- where 90% of the flow was fully separated. 
The overall flow behaviour indicated that the NACA 23012(M1) 
had an enhanced trailing-edge turbulent boundary-layer stall 
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characteristic when compared to the basic NACA 23012 aerofoil 
(Figure 4.3). However, the change was relatively small and 
under dynamic conditions, where siginificant separation 
suppression may occur, its influence on the final outcome was 
doubtful. It was due to this reasoning that a second 
modification of the NACA 23012 was implemented. 
4.4.2 The IACA 23012(A) 
The flow development on the NACA 23012(A), not unexpectedly, 
demonstrated many similarities with that of both NACA 23012 
and NACA 23012(X1) aerofoils. Figure 4.4 shows the results 
obtained for various angles of incidence at a constant 
Reynolds number of 1.5 x 106 • 
At 10.0·, trailing-edge separation was initiated and, as the 
angle of incidence was increased, the separation front moved 
towards the leading edge with a high degree of flow two-
dimenSionality. For angles above 13.0· the separation front 
developed the familar reverse'S' pattern indicating a more 
prominent lower span separation. Approximately 60% of the 
aerofoil's upper surface area became separated at 15.3· and a 
stall induced vortex pair became apparent. However, unlike 
the NACA 23012 and 23012(X1) aerofoils, there was a change in 
vortex structure at 17.0·. The flow pattern became 
symmetrical, with the upper and lower span separated regions 
becoming equal in size. Since the NACA 23012(A) was designed 
to have a more prominent adverse pressure gradient over the 
rear upper surface, the local velocities, and hence surface 
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shear stresses, should be expected to be less than those 
found over both the NACA 23012 and NACA 23012(Ml) aerofoils. 
Figure 4.5 clearly shows the oil flow, over the rear 25% of 
each aerofoil, becoming progressively more gravity biased. 
This suggested that, for each subsequent modification, this 
region was being subjected to an increasingly more intense 
adverse pressure gradient. 
As expected, the overall flow behaviour indicated that the 
NACA 23012(A) had a trailing-edge turbulent boundary-layer 
stall. The measured separation points, as inferred by the 
oil-flow results, are illustrated in Figure 4.6 and they 
clearly indicate an enhanced trailing-edge stall. To complete 
the oil-flow investigation, tests were also carried out at 
Reynolds numbers of 1.0 x 106 and 1.85 x 106 , the results of 
which are also indicated on Figure 4.6. and it is interesting 
to note that they imply no significant change in the 
separation movement. 
4.5 Discussion 
Figure 4.7 illustrates a typical oil-flow test result and 
summarises the main flow components associated with any t.wo-
dimensional wind tunnel test. The following discussion 
considers these flow phenomena and suggests possible reasons 
for their existence. It is well known (Schlichting, 1979) 
that the boundary-layer flow approaching the stagnation zone 
of an obstacle separates and forms an unstable vortex sheet, 
which rolls up in a "horseshoe-like manner". Bippes and Turk 
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(1981) showed that, at high angles of incidence, the 
interference of the 'horseshoe vortex' and the separated 
region on the aerofoil prevented symmetrical flow conditions. 
It was further suggested that the result of this interference 
was the formation of an additional vortex, on the aerofoil's 
upper surface, near the tunnel wall. If this flow phenomenon 
is coupled with a minor tunnel flow imbalance then a highly 
asymmetrical flow separation will result. It was noted by 
Gregory at al (1970) that the spanwise flow variations 
appeared to be affected by the aerofoil profile and aspect 
ratio. The present oil-flow results appeared to demonstrate a 
similar dependence of flow three-dimensionality on aerofoil 
profile. A possible explanation of this phenomenon is, that 
the aerofoil's pressure distribution may have influenced the 
nature of the interference between the horseshoe vortex and 
the separated region. 
As was suggested in Section 4.2, the region of separated flow 
may have been modified by the flow acceleration as the tunnel 
airspeed was raised to the required test value. This effect 
was studied by means of a series of slow ramp tests in which 
the angle of incidence was uniformly increased from zero to 
the test value after the tunnel airspeed had been set. Any 
difference in observed flow pattern was attributed to the 
-
elimination of the tunnel airspeed acceleration. Figure 4.8 
shows that, for various angles of incidence, no significant 
change in flow pattern or separation point was indicated. 
However, this may have been due to the lack of sensitivity of 
the oil to subtle changes in the separated region. 
- 47 -
4.6 Conclusions 
The technique of oil-flow visualisation was successfully 
employed to verify the steady-state stalling characteristics 
of two modified NACA 23012 aerofoil sections designed by an 
inverse aerofoil design technique. When compared to the 
'donor' NACA 23012 aerofoil, the second modification was 
found to have a greatly enhanced trailing-edge separation. 
This difference was assumed to be sufficient to influence the 
aerofoil's unsteady stall performance. 
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CHAPIBR 5 
STEADY ABRODDAXIC BEHAVIOUR 
5,1 Introductign 
Chapter 3 described a theoretical technique enabling the 
controlled modification of a given aerofoil's static stall 
separation characteristics by means of a particular 
geometrical alteration. The method developed was applied to 
the NACA 23012 aerofoil and a derivative, the NACA 23012(A), 
was designed which was predicted to have an earlier and more 
gradual trailing-edge separation growth. In order to assess 
the applicability of the aerofoil design technique, simply 
constructed wind tunnel models were tested using the oil-flow 
visualisation technique. Chapter 4 dealt with results from 
these tests, and some of the problems associated with the 
assessment of a given aerofoil's trailing-edge separation 
characteristics using this technique. Based on these results 
a fully instrumented wind tunnel model of the NACA 23012(A) 
aerofoil was constructed. 
The present chapter describes the results of a series of 
static tests on both the NACA 23012 and 23012(A) aerofoils. 
Although static tests were carried out over a variety of 
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Reynolds numbers, comparison between the aerodynamic 
behaviour of the two test aerofoils was restricted to 1.5 x 
106 , which corresponded to a Mach number of 0.11. These data 
were used to assess the applicability of the aerofoil design 
technique, investigate the change in trailing-edge separation 
characteristics, and to preface the unsteady pressure data 
presented in Chapters 6, 7 and 8. Wind tunnel wall 
corrections were not applied to the presented data. 
5.2 verification ot the Aerotoil Kgditication Technique 
In order to check the response of the thirty pressure 
transducers, a comparison with potential theory was carried 
out. Utilising the panel method. described in Chapter 3, 
theoretical pressure distributions were obtained for various 
angles of incidence. However, there are three possible 
reasons why the theoretical and experimental distributions 
should not coincide exactly. 
(1) Wind tunnel interference, associated with the circulation 
around the aerofoil. induces a curvature into the flow, 
modifying the aerofoil's incidence and camber (Rogers, 
1959). This effect may vary slightly with each specific 
test section since the outcome depends on the aerofoil's 
own aerodynamic characteristics. 
(2) The influence of the boundary-layer will globally modify 
the aerofoil's pressure distribution in such a manner as 
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to cause the experimental values to differ from those 
given by potential flow. 
(3) A -direct consequence of the test equipment and test 
conditions i.e., inappropriate distribution of 
transducers around the aerofoil contour, incorrect gain 
values, inadequate compensation from variations in tunnel 
air temperature, etc. 
Figure 5.1 shows the comparisons between theoretical 
predictions and experimental results for both the NACA 23012 
and 23012(A) aerofoils. Each transducer output is shown to be 
indicating the correct order of magnitude in pressure, and 
therefore the data acquisition system was considered to be 
functioning correctly. 
Chapter 3 described a method by which the NACA 23012 aerofoil 
was modified to produce an aerofoil whose rear upper surface 
geometry induced an adverse pressure gradient of increased 
severity. This method relied entirely on potential flow 
theory and did not include any modifications due to viscous 
interactions. It was therefore interesting to compare the 
theoretical difference in pressure distribution between the 
two test aerofoils with those obtained from the wind tunnel 
tests. Figure 5.2 shows that the test data follow the 
predicted trend very well. However, a noticeable difference 
between the theory and the test data was that the predicted 
difference in suction peaks was not realised. On inspection 
of the NACA 23012 aerofoil, it became evident that its 
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leading-edge geometry and surface finish was not of the same 
high quality as the NACA 23012(A). This effect would reduce 
the suction peak on the NACA 23012 aerofoil. Further support 
of this was given by the further downstream position of the 
laminar separation bubble (illustrated in Figure 5.2) on the 
NACA 23012(A) indicating a longer laminar boundary layer, 
which would accompany the superior leading-edge finish. This 
was also indicated during a series of hot-film tests 
described in Chapter 8. After further consideration of the 
similar suction peaks, it was concluded that this feature 
would not be detrimental, as one of the criteria used in the 
aerofoil modification procedure was the retention of the flow 
conditions at the leading edge between the NACA 23012 and 
23012(A) aerofoils. 
5.3 Comparison of Separation Characteristics 
Figures 5.3 and 5.4 display selected pressure distributions 
obtained during typical static tests on the two test 
aerofoils. At the higher incidence values, a series of 
separation points 'was deduced from the extent of the 
constant pressure region resulting from the wake formation 
over the upper surface of the aerofoil. However, obtaining 
the exact incidence above which fully attached flow could not 
. 
be sustained was found to be difficult, since the trailing-
edge pressure gradient became small at this condition. Figure 
5.5 compares the estimated separation loci for both the NACA 
23012 and 23012(A) aerofoils. Although the 23012(A) displayed 
an enhanced separation characteristic, it did not realise the 
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full modification indicated by the oil-flow visualisation 
tests (c.f., Figure 4.6). However, Figure 5.6 indicates that 
good agreement with the oil-flow results was obtained, in 
trend rather than absolute magnitude, and that, for the 
23012(A), there was little dependency of flow separation on 
Reynolds number. 
In agreement with the well recognised correlation by Gault 
(1957) both the NACA 23012 and 23012(A) aerofoils exhibited 
trailing-edge stall types (Figure 1.2). It is interesting to 
note that, although the abrupt trailing-edge separation 
charateristlcs of the NACA 23012 were delayed slightly, 
giving the NACA 23012(A) an initially slower rate of growth, 
the separation point still travelled rapidly forward between 
60% and 25% chord. Separation stabilisation was achieved, for 
both aerofoils, at the 15% chord with attached flow remaining 
over the leading edge, until final collapse occurred with the 
bursting of the laminar separation bubble. Figure 5.7 
illustrates three-dimensional representations of the 
chordwise pressure distributions and summarises the 
separation/re-attachment characteristics of the two test 
aerofoils. In general, during the downstroke phase of the 
test, the aerodynamic coefficients displayed both a larger 
amount of unsteadiness and occasionally a different course to 
that obtained for increasing incidence. The three-dimensional 
pressure plots clearly show both the unsteady behaviour at 
the leading edge, and the delay in the return to attached 
flow conditions. This is, of course. the familiar 
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characteristic of stall hysteresis, and is commonly found 
during most static tests. 
Figure 5.8 displays the response of the local chordwise 
pressure coefficient, found over the upper surface of the 
NACA 23012(A), as a function of incidence and serves to 
illustrate the sequences of flow separation and reattachment 
over the aerofoil chord. The mild progreSSive pressure 
divergence may be attributed to the localised thickening of 
the boundary layer, followed by separation and wake 
formation. The analYSis of individual pressure responses, as 
a function of time, will be shown later to be extremely 
valuable when studying the timing of the various aerodynamic 
events found during unsteady aerofoil experiments. 
5.4 Comparison of Aerod7»AD4c BehAyiour 
Generally, when discussing an aerofoil's aerodynamic 
behaviour, the lift parameters usually considered to be of 
most importance are the maximum lift coefficient, the lift-
curve slope, and the zero-lift incidence. Similarly, 
important pitching-moment parameters are the magnitude at 
zero-lift and at dCmlda = 0, just prior to stall. 
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Figure 5.9 compares the normal force coefficient and the 
pitching moment behaviour of the two test aerofoils from 
which the following results were obtained. 
BACA 23012(A) 
Zero lift incidence (0:0) = 1. 3-
(potential flow value = 1. 5-) 
Cm at oco = 0.05 
Cnm."" = 1. 31 
Stall incidence (0: __ ) = 13.6-
Cm at oc __ = 0.06 
DCA 23012 
Zero lift incidence (exo) = -1. 2-
(potential flow value = -1. 2 -) 
Cm at oco = -0.03 
Cnm."" = 1. 43 
Stall incidence (ex __ ) = 14.2-
Cm at ex __ = 0.00 
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Although an aerofoil's aerodynamic behaviour is inseparably 
related to its geometry, and the subsequent response of the 
boundary layer, the following discussion is divided into the 
three areas to assist the comparison between the two test 
aerofoils. 
(1) Bffect of the reflex trailing-edge; As illustrated in 
Figure 5.4, the reflex trailing edge induces regions of 
pressure and suction on the upper and lower surfaces 
respectively. This 'inverted aerodynamic loading' has two 
predominant effects: the induction of a positive zero-
lift incidence, and a positive pre-stall pitching moment. 
(2) Bffect of trailing-edge separation behaviour; It has been 
shown that the enhanced separation characteristics 
displayed by the HACA 23012(A) were attributed to the 
increase in adverse pressure gradient over the rear upper 
surface. This behaviour induces a rounding of the normal 
force peak, a reduction in the stall incidence, and a 
lower maximum attainable lift. 
(3) Bffect of viscous interaction; The effect of the boundary 
layer is to modify the aerofoil's global velocity field, 
which can be thought of as a modification to the profile 
to incorporate the displacement thickness. Abbott and v. 
Doenhoff (1959) showed, from both theory and experiment, 
that the zero-lift incidence is controlled by the camber, 
whilst the thickness distribution influences the lift-
curve slope. It may be noticed that the NACA 23012(A) 
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displays a non-linear lift-curve behaviour. It is 
postulated here, that the effect of the reflex trailing 
edge, at moderate incidence values, was to induce the 
formation of a thick turbulent boundary layer over this 
region. This would have the effect of modifying the 
distribution of both thickness and camber. If the 
effective camber was increased, the zero-lift incidence 
would decrease, whilst the changing thickness 
distribution would modify the lift-curve slope. If the 
non-linear lift curve was the result of some form of 
viscous interaction, then its characteristic may Change 
with Reynolds number. Figure 5.10 illustrates the 
aerodynamic behaviour of the NACA 23012(A) at a Reynolds 
number of 2.0 X 105 , and it may be noticed that the lift-
curve slope now displays a greater linearity. 
5.5 Conclusions 
Based on static data recorded for the NACA 23012 and 23012(A) 
aerofoils at a Reynolds number of 1.5 x 106 , the following 
conclusions were made: 
(1) The theoretical aerofoil design technique, described in 
Chapter 3, can be used to advise the aerodynamicist of a 
change in profile geometry which would fulfil the design 
requirements; 
(2) Wind tunnel experiments have indicated that the effect of 
viscous interactions modify the predicted difference 
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between the basic aerofoil and its modified counterpart. 
This suggests that the inclusion of viscous/inviscid 
interactions within the aerofoil desgin procedure would 
be useful. 
(3) The objective, set in Chapter 3, of modifying a selected 
aerofoil in such a manner that would retain the leading-
edge pressure distribution whilst forCing an earlier and 
more gradual trailing-edge separation growth has been, on 
the whole, achieved. 
(4) The unsteady testing of the NACA 23012<A), and comparison 
with the NACA 23012, should provide preliminary 
information into the effects of trailing-edge separation 
on the dynamic stall process. 
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CHAPTER 6 
'BRODY.AXIC BEHAvIOUR II OSCILLATORY PITCH CQIDITIORS 
6.1 Intrpductign 
As demonstrated in Chapter 1, a fundamental understanding of 
the dependence of static stall on aerofoil geometry has been 
obtained. The ability to categorise an aerofoil's geometry 
and steady-state separation characteristics from the sole 
interpretation of its variation in lift with incidence was 
shown to be possible. However, although a significant 
understanding of the dynamic stall process has been achieved, 
little is known about the specific effect of aerofoil 
geometry. In the past decade numerous new aerofoil designs 
(Dadone, 1978) have been used in an attempt to improve the 
stall characteristics of rotors without compromising 
advancing blade performance. McCroskey et al (1980) noted 
that almost none of these new aerofoils had been designed 
with dynamic stall considerations in mind, and few of them 
had been wind tunnel tested under unsteady conditions. 
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In general then, this has led to two main objectives being 
set by researchers in the unsteady stall field. 
(1) To create databases, specific to different wind tunnels, 
from which the basic dynamic stall characteristics of a 
series of representative helicopter rotor aerofoils can 
be compared. These collections of data are extremely 
useful to the helicopter industry, which has concentrated 
on the development of semi-empirical models of dynamic 
stall. 
(2) To investigate the type of unsteady stall and boundary-
layer separation characteristics associated with each 
profile, since this can be expected to be crucial in 
correlating the differences between different sections, 
and in estimating the dynamic stall behaviour of new 
aerofoils in the future. 
The present work attempts to satisfy both of these objectives 
by conducting both analysis of the aerodynamic forces 
(Chapters 5, 6 and 7) and of the boundary-layer response via 
pressure-time histories and hot-film signals (Chapter 8). The 
present chapter describes the results obtained during a 
series of oscillatory tests on the NACA 23012 and 23012(A) 
-
aerofoils at a Reynolds number of 1.5 x 106 and a Mach number 
of 0.11. All the oscillatory tests on the NACA 23012 aerofoil 
were carried out by Leishman (1984), whose work should be 
consulted if detailed information concerning his analysis is 
required. 
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6.2 De&ree of stAll 
6.2.1 Background 
To facilitate a meaningful qualitative description of an 
aerofoil's unsteady aerodynamic characteristics, the 
behaviour of the pitching moment may be used as a criterion 
to indicate the degree of stall for a given set of 
oscillation parameters. McCroskey et al (1980) used this 
method to create four stall regimes which were used to 
describe, and compare, the unsteady response of a series of 
aerofoils. The evolution of these different types of stall 
behaviour become apparent when, for a given oscillation 
frequency and amplitude, the effects of a variation in mean 
angle are considered. For the present discussion a variation 
in mean angle, at a fixed reduced frequency of 0.10 and an 
amplitude of 10.0·, will be used to illustrate the four stall 
regimes. 
6.2.2 Io stall 
Figure 6.1 shows that, for a mean angle of 4.0·, the maximum 
angle of attack is of a similar magnitude to the static stall 
incidence and the boundary layer remains largely attached 
throughout the cycle. This flow can be approximated by 
classical inviscid theory and it will be illustrated later 
that this is especially true for the pitch damping. 
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6.2.3 DynaDdc Stmll Onset 
This regime is the unsteady counterpart, for helicopter 
applications, to operating a fixed wing on the verge of 
static stall. It represents a measure of the maximum useful 
lift that a given aerofoil can deliver if drag-rise and 
moment stall are to be avoided. The nature of the unsteady 
airloads 1s a direct consequence of the unsteady effects on 
the aerofoil's boundary-layer separation characteristics and 
therefore can be expected to be largely dependent on its 
geometry. Although an aerofoil's geometry heavily dominates 
its static stall behaviour, McCroskey et al (1980) found that 
the static, or quasi-static (i.e low reduced frequencies), 
stall characteristics were not necessarily a reliable gUide 
to the dynamic stall onset characteristics. In fact, they 
found that, for this particular regime, all their test 
aerofoils stalled by the mechanism of trailing-edge 
separation. for reduced frequencies from 0.10 down to 0.01, 
irrespective of the static stall behaviour. The present tests 
also showed that. under the aforementioned conditons, both 
the NACA 23012 and NACA 23012(A) aerofoils displayed 
trailing-edge separation characteristics similar to those 
obst~rved under steady conditions. However, since in the 
present experiments, the static stall behaviour of both test 
aerofoils is of the trailing-edge type, it is difficult to 
augment McCroskey's findings. 
In Section 6.4, a method. devised by Wilby (1984). of 
calculating the angle of incidence at which dynamiC stall 
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onset is inevitable, called the 'critical angle', is 
presented. However, for the current discussion, a mean angle 
of 6.0· serves as a good illustration of the differences in 
dynamic stall onset between the NACA 23012(A) and NACA 23012 
aerofoils. Figures 6.2 and 6.3 show the NACA 23012(A) to 
exhibit a slight drop in pitching moment, at the beginning of 
the downstroke, which suggested a local increase in rear 
loading that would accompany a rear separation with 
reattachment. Indeed, the three-dimensional pressure plot 
clearly supported this interpretation. This is not suprising 
since, as will be shown later, the NACA 23012(A) has just 
exceeded its critical angle, whilst the NACA 23012 has not. 
6.2.4 Light stall 
The common aspect of light stall data is that it represents a 
transition from a static stall type behaviour, which can vary 
significantly from one aerofoil to another, to the deep stall 
(Section 6.2.5) regime, where the behaviour is dominated by 
the dynamic stall vortex. This condition, where the vortex 
shedding phenomenon is less well defined, has been noted as 
being that which is most common to the helicopter rotor. 
McCroskey at al (1980) noted that the origin, strength, and 
transient development of the vortex appeared to be dependent 
on all the parameters listed in Table 1.1. The airloads 
typically exhibit significant amounts of hysteresis and, as 
will be shown in Section 6.5, negative aerodynamic damping is 
more likely to occur than in deep stall. 
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Figures 6.4 and 6.5 show that, when the mean angle is 
increased from 6.0 to 8.0 degrees, both test aerof01ls 
display the characteristics of light stall. The three-
dimensional plot indicates that, when compared to the NACA 
23012, the trailing-edge separation on the NACA 23012(A) had 
been significantly enhanced and the associated drop in 
pitching moment was less abrupt. Although a significant 
negative pitching moment had been induced, the resultant flow 
field appeared to resemble a coalescing of the dynamic stall 
vortex with the trailing-edge separation to create a more 
diffuse pressure wave. This interpretation waS supported by 
the lack of any vortex induced perturbations in the normal 
force coefficient. In general then, the main difference 
between the two test aerofoils was that, although both 
displayed similar magnitudes in their airloads, the NACA 
23012(A) approached these values in a less abrupt manner. 
6.2.5 Deep Stall 
As discussed in Chapter 1, numerous experiments have shown 
that dynamic stall is characterised by the shedding of a 
discrete vortex, whose convection over the aerof01l's upper 
surface induces a highly unsteady pressure field. If the 
reduced frequency and maximum incidence are sufficiently 
-high, the vortex shedding phenomenon is well defined, the 
unsteady fluctuations in airloads are very large, and the 
qualitative results are relatively independent of aerofoil 
shape, Reynolds number and type of motion. This case is 
commonly known as the 'deep stall' regime. 
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When the mean angle is set to 10.0·, Figures 6.6 and 6.7 
indicate that both the test aerofoils have entered the deep 
stall regime. The principal differences are very similar to 
those for the light stall regime, these being, the NACA 
23012(A) having a more prominent trailing-edge separation, 
weaker vortex shedding and a slightly less abrupt approach to 
the maximum values of the airloads. Increasing the mean angle 
to 15.0· introduces two more events in the dynamic stall 
process: 
(1) The collapse of the leading-edge suction peak. The 
commencement of this event appeared to occur after the 
initiation of the dynamic stall vortex, and complete 
suction collapse only became apparent when the vortex 
strength had become significant. This series of events is 
illustrated in the three-dimensional plot of Figure 6.8. 
The apparent conclusion from these observations is that 
the leading-edge laminar separation bubble had no direct 
involvement with the initial formation of the dynamic 
stall vortex. This aspect was also noticed by McCroskey 
at a1 (1980), and will be discussed more fully in Section 
6.3. It is interesting to note that the suction collapse, 
on the NACA 23012, induced a small pressure wave which 
originated close to the leading edge <see Figure 6.8(b» . 
. 
This phenomenon indicated the possible presence of a weak 
'suction collapse' vortex which, at approximately 50% 
chord, coalesced with the dynamic stall vortex (see also 
Section 6.3.2>. 
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(2) The appearance of secondary vortex shedding. The 
generation of this secondary vortex appeared to be 
dependent on the strength of the initial dynamic stall 
vortex. Figure 6.9 supports this interpretation, since 
when the mean angle was increased to 20.0·, the secondary 
vortex became as strong as the dynamic stall vortex. Seto 
and Galbraith (1985) noted that when the dynamic stall 
vortex left the trailing edge there was a subsequent 
inrush of air over the upper surf~ce. Combining this with 
the above observations, it is reasonable to postulate 
that it is this inrush which initiates the secondary 
vortex. Since both shed vortices have nearly identical 
characteristics, the above postulation may allude to the 
possibility that a similar initiation mechanism, 
involving a region of reversed flow, exists for the 
dynamic stall vortex. 
6.2.6 Bffect of Pitch Rate 
Comparison between the three-dimensional pressure plots of 
Figures 6.2, 6.10, and 6.11 reveals that, during the light 
~ 
stall regime, the amount of trailing-edge separation present 
within the cycle was dependent on the imposed reduced 
frequency. This observation is in agreement with Leishman 
(1984) who also noticed that, for conditions under which the 
static stall incidence was exceeded by a small margin and 
slight separation was indicated, the separation could 
generally be suppressed by increasing the reduced frequency. 
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For a given set of oscillation parameters, it can be shown, 
that the maximum value of pitch rate is related to both 
frequency and amplitude in the following manner: 
&rn __ = 2xfu. 
The implication of the above discussion is that the amount of 
trailing-edge separation is controlled by the magnitude of 
the imposed pitch rate. Especially important to the stall 
onset is the magnitude of the pitch rate as the aerofoi1 
passes through static stall incidence. The subsequent 
development of the stall is controlled by both the maximum 
incidence, attained during the motion, and, if the forcing 
function is periodic, the time spent above the static stall 
angle. McCroskey at ~l (1980) similarly found that, when 
considering the differences between test runs in the deep 
stall regime, the amplitude and reduced frequency were less 
important than the absolute value of incidence and its rate 
of change on the upstroke. They also suggested that the 
dynamiC stall events proceeded on a time scale of U_t/c 
rather than (o)t. 
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6.3 The Effect of Trailing=Bdae Separation on Vortex 
Initiation 
6.3.1 Background 
A critical problem in modelling dynamic stall is the 
determination of the vortex initiation incidence. The value 
at which this event occurs identifies the transition from an 
extended static stall type behaviour, which will depend on 
the aerofoil profile, to a flow-field dominated by the 
development of the dynamic stall vortex. Therefore, when 
considering the development of a complete dynamic stall 
model, its dependence on both aeroioil profile and 
oscillatory forcing parameters will need to be realised. 
6.3.2 Preaaure-Time Histories 
Chapter 1 introduced the idea that the dynamic stall vortex 
development could be inferred from the aerofoil's unsteady 
lift, drag and pitching-moment characteristics. However, it 
would be reasonable to postulate that the formation of a 
localised protuberance within the boundary layer would be 
immediately indicated by the response of the local pressure 
coefficient, and that the integrated values (i.e., the 
airloads> would 'de-sensitise' the inception point. 
Therefore, it would be prudent to develop a functional method 
of displaying the response of an aerofoil's local chordwise 
pressure coefficient to a variation in either time or 
incidence. Such a method was first suggested by Carta (1974) 
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and ultilised by McCroskey at ~l (1980) to illustrate an 
aerofoil's unsteady boundary-layer separation 
characteristics. When considering the interpretation of each 
individual pressure trace the following points should be 
noted: 
(1) A mild progressive pressure divergence may be attributed 
to the localised thickening of the boundary layer, 
followed by separation and wake formation. This behaviour 
was normally found at the trailing edge. 
(2) An abrupt change in pressure coefficient may be used to 
locate the chordwise origin of the vortex inception and 
monitor its translation across the aerofoil's upper 
surface. 
Over the last decade, it has been observed that the nature of 
the initial boundary-layer separation, that precedes vortex 
inception, strongly influences an aerofoil's dynamic stall 
behaviour, especially in the light stall regime. Based on the 
aforementioned pressure-time histories, the relative phasing 
between vortex initiation and trailing-edge separation can be 
used to generate the following unsteady stall types: 
(1) Leading-edge stall; the vortex forms at the leading edge 
(i.e., forward of the 5% chord position) before the 
trailing-edge pressure diverges. 
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(2) Trailing-edge &tall, a distinct trailing-edge pressure 
divergence precedes the vortex initiation, now generally 
at the 20-30% chord position. 
(3) ~xed stall; either trailing-edge pressure divergence 
preceding leading-edge vortex shedding at the 5% chord OR 
the formation of the vortex at approximately the 20-30% 
chord position followed by leading-edge suction collapse 
and trailing-edge pressure divergence. 
Figure 6.12 illustrates two pressure-time histories, obtained 
by McCroskey et al (1980), for the NLR-7 and AMES-01 
aerofoils undergoing an oscillatory test of 15.0· mean angle, 
10.0· amplitude and 0.10 reduced frequency. In this 
reference, the NLR-7 aerofoil was categorised as displaying a 
trailing-edge stall behaviour, whilst the AMES-01 aerofoil 
was classified as mixed stall (graphically indicated by the 
shaded regions in the figure), Following the above criteria, 
Figures 6.13 and 6.14 show that whilst the NACA 23012(A) 
displays the features of a trailing-edge stall type, the NACA 
23012 tends towards those of a mixed stall. 
In agreement with the three-dimensional pressure plot (see 
Section 6.2.5) the pressure-time history for the NACA 23012 
also indicated the possible existence of a weak suction· 
collapse vortex. This vortex, which apparently travelled at a 
slightly higher velocity than the dynamic stall vortex, 
caused the two to coalesce at approximately 50% chord. 
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6.3.3 Bffect of Trailing-Bdge Separation 
Using the aforementioned analysis, an attempt at visualising 
the boundary layer was made. Figures 6.15 and 6.16 illustrate 
the postulated deep stall boundary-layer response prior to, 
and during, vortex formation. Based on the comparative 
analysis of the individual pressure-time traces, obtained 
from both aerofoils, the following observations were made: 
(1) The vortex inception point, displayed by the NACA 
23012(A), appeared to originate further downstream. When 
combined with similar observations made by KcCroskey et 
al (1976), on the ONERA Cambre profile, this 
characteristic may be tentatively attributed to those 
aerofoils whose unsteady stall type may be termed as 
trailing-edge. 
(2) The trailing-edge separation, as indicated on the NACA 
23012(A) by divergences in pressure rearward of the 76% 
chord, appeared to be unsuppressed. 
(3) For both aerofoils the collapse in leading-edge suction 
occurred after the initiation of the vortex (see also 
Section 6.2.5) 
Concentrating on the pressure response at the 27% chord, 
Figure 6.15 shows the NACA 23012(A) to display a reversal in 
local pressure-time gradient prior to the abrupt vortex 
induced divergence. This drop in 'suction suggested that a 
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region of separated flow, further downstream, had formed and 
was modifying the aerofoil's surface velocity distribution. 
Indeed, these turning points had accompanied a SUbstantial 
rise in suction at the trailing edge, which strongly 
suggested wake formation. 
The analysis of individual pressure responses, as a function 
of time, will be shown in Chapter 7 to be ~xtremely valuable 
when studying the timing of the various aerodynamic events 
found during the dynamic stall process. Although the 
pressure-time histories locate the position of vortex 
inception and indicate the subsequent stall development, they 
supply little information about the detailed fluid mechanics 
of the actual process. However, it will be shown in Chapter 8 
that this can be largely overcome by correlation of the 
pressure responses with a series of hot-film experiments. 
6.4 Critical AnKle CalculAtion 
6.4.1 Background 
Whilst considering the problem of assessing an aerofoil's 
dynamic stall performance, by virtue of its low Mach number 
(l.e M = 0.3) steady-state maximum lift, Wilby (1980) 
. 
reasoned that, since retreating blade stall was dynamiC in 
nature, this parameter was not necessarily of high 
importance. He noted that, as shown previously, the limit to 
rotor thrust was the large and sudden change in the pitching 
moment which led to high blade torsional loads. Wilby 
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concluded that to attain high values of rotor thrust a blade 
section that can reach large values of incidence, in 
oscillatory conditions, without involving large changes in 
pitching moment would be benificial. 
6.4.2 Critical Angle Calculation 
Figures 6.17 and 6.18 show the aerodynamic loads obtained for 
the NACA 23012(A) and 23012 aerofoils respectively during 
oscillatory tests at an amplitude of 8.0' and a reduced 
frequency of 0.10. The mean angle for these cycles was 
progressively increased allowing both test aerofoils to be 
taken from unstalled to highly stalled conditions. The 
resulting aerodynamic loads allowed the maximum deviation in 
pitching moment, from its pre-stall single loop, to be 
calculated and plotted against the maximum attained incidence 
in the cycle. Figure 6.19 shows the results obtained for both 
8.0 and 10.0· amplitude. The intercept with the incidence 
axis gives the maximum value that each aerofoil can attain 
before there will be a break in the pitching moment. This 
value is known as the 'critical angle', and is the unsteady 
counterpart, for a typical full scale rotor, to operating a 
fixed wing on the verge of static stall. It is therefore a 
useful quantity when assessing an aerofoil's suitability as a 
rotor section. For aerofoils intended for use on helicopter 
rotor blades, it is the difference between the critical angle 
and the zero-lift incidence that is important. 
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The following data were obtained from static and oscillatory 
tests: 
IACA 23012(A) 
IACA 23012 
~ __ = 13.6" 
~c = 15.6" 
~a = -1.2" 
~ __ = 14.2" 
~c = 16.6" 
giving (~c - ~a) = 14.3· 
giving (~c - ~a) = 17.4· 
Since the leading-edge pressure distributions of both test 
aerofoils were similar, the lower critical angle exhibited by 
the NACA 23012(A) aerofoi1 must have been caused by the 
trailing-edge separation aggravated by the more severe rear 
pressure gradient. When coupled with the positive zero-lift 
angle, due to the reflex trailing edge, the NACA 23012(A) 
displays a reduced performance in the unsteady regime. 
6,5 Pitch naapins Boundaries 
6.5.1 Background 
The existence of excessive blade torsional loads feeding into 
the control system of a helicopter has long been recognised 
as a prime rotor limitation. These high control loads result 
from an aeroe1astic self-excited pitching motion precipitated 
by repeated submersion of a large portion of the blade into 
and out of stall. This phenomenon is commonly known as 'stall 
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flutter', and results from the high angles of incidence 
required to maintain proper lateral trim requirements. 
Fortunately. Tarzanin (1972) noted that, in forward flight, 
blade stall, and the corresponding torsional loads, occurred 
for only a fraction of the rotor cycle, and therefore the 
phenomenon did not become divergent. However, when 
considering the magnitude of the torsional loads. it is 
reasonable to assume that the rotor blade profile. and its 
behaviour under a stall flutter situation, would be of prime 
importance. 
6.5.2 Derivation o£ the Damping Factor 
When considering the unsteady response of an aerofoil, the 
area enclosed within the pitching-moment versus incidence 
curve, and the sense of transcription, have an important 
physical significance. The net work done by the aerofoil on 
the surrounding airstream is proportional to the integral: 
c.. = ~c..da 
This integral, known as the 'work coefficient', is 
proportional to the area enclosed by the curve and is 
positive for an anticlockwise circuit. If the pitching-moment 
response contains a substantial area in a clockwise sense, 
the contribution of that area is negative and it represents 
an energy extraction from the airstream by the aerofoil. Net 
energy extraction in the cycle (negative damping) implies 
that the rotor blade oscillation, in which it occurred, would 
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tend to increase in amplitude and the blade would begin to 
flutter. It is therefore obvious that an aerofoil's stall 
flutter response is fundamentally dependent on its dynamic 
stall characteristics and thus can be investigated by 
identical oscillatory tests. When considering the value of 
the work coefficient, obtained from wind tunnel tests, it is 
convenient to convert it to the following form: 
which is known as the 'two-dimensional aerodynamic damping 
coefficient'. Liiva (1968) illustrated that, for a sinusoidal 
oscillation about the quarter chord, the theoretical work 
coefficient and two-dimensional aerodynamic damping 
coefficient were: 
and 
6T = xk/2 
The latter of these two equations is frequently used to non-
dimensionalise its experimental counterpart to form a 
grouping commonly known as the 'damping factor' i.e 6IGT. 
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6.5.3 Bffect of Stall Penetration on the Damping Factor 
It was shown in Section 6.2 that variations in the 
oscillation forcing parameters cause the events, which 
constitute dynamic stall, to shift around the cycle and 
produce significant changes in aerodynamic loadings. 
Concentrating on the pitching-moment response. Figures 6.2 
and 6.4 show that initial penetration of stall (dynamic stall 
onset) introduced a clockwise loop which enlarged with 
inreasing mean angle (light stall regime). Further excursions 
into the deep stall regime, illustrated by Figure 6.8, 
produced a pitching-moment break which was sufficiently early 
in the cycle to allow its maximum value to be achieved whilst 
the angle of incidence was still increaSing. This introduced 
a secondary loop in the anticlockwise sense which helped re-
instate positive damping. 
Figure 6.20(8) summarises the damping response of the two 
test aerofoils as they progress through the four stall 
regimes. A closer examination of this particular data set 
gave rise to the following observations concerning the NACA 
23012(A) aerofoil: 
(1) An earlier departure from the potential flow 
damping was apparent. Comparison of the three-dimensional 
pressure plots with those for the NACA 23012 revealed 
that this was due to an earlier trailing-edge separation. 
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(2) When comp~red to the NACA 23012 ~ more st~ble 
characteristic was displayed which was also attributed to 
an enhanced trailing-edge separation producing an earlier 
pitching-moment break. This observation was in agreement 
with Dadone (1978) who noted that, for reduced 
frequencies up to 0.12, positive damping was commonly 
associated with gradual static stall whilst negative 
damping was typical of abrupt static stall. 
Figure 6.20(b) illustrates similar damping responses obtained 
during the specific oscillatory tests required to calculate 
an aerofoil's critical angle. It clearly shows that, while 
the NACA 23012(A) remained positively damped over the entire 
test range, the NACA 23012 became unstable when its critical 
angle was only exceeded by approximately 1.0·. Figure 6.21 
presents the aerodynamic damping coefficient data in an 
identical manner to that of Carta (1967), For mean angles 
less than 10.0·, the deviation from the potential flow value 
indicates the amount of flow separation present within the 
cycle. In this format, it clearly illustrates the dominating 
role of reduced frequency on separation suppression. 
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6.6 ConclusiQns 
Based on oscillatory data recorded for the NACA 23012 and 
23012(A) aerofoils at a Reynolds number of 1.5 x lOs, the 
following conclusions were made: 
(1) The enhanced trailing-edge separation characteristic of 
the NACA 23012(A), observed during static tests, was 
carried through to the unsteady regime. 
(2) Although the two test aerofoils displayed similar 
magnitudes in the aerodynamic loadings, the NACA 23012(A) 
approached these values in a less abrupt manner. 
(3) The amount of trailing-edge separation, found during the 
oscillatory cycle, was controlled by the magnitude of the 
imposed pitch rate. 
(4) The leading-edge laminar separation bubble had no direct 
involvement in the initial formation of the dynamic stall 
vortex. 
(5) The vortex inception point, displayed by aerofoils whose 
unsteady stall type is termed as trailing edge, lies 
further downstream. 
(6) In terms of the difference between the critical angle and 
the zero-lift incidence, aerofoils that display trailing-
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edge stall may have a reduced aerodynamic performance in 
the unsteady regime. 
(7) The NACA 23012(A) displayed a more stable damping 
characteristic which was attributed to the enhanced 
trailing-edge separation producing an earlier pitching 
moment break. In general, positive damping is commonly 
associated with gradual static stall, whilst negative 
damping is typical of abrupt static stall. 
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CHAPTER 7 
ABRODYIAXIC BEHAVIOUR II COISTAIT PITCH CQJDITIOBS 
7.1 Intrgduction 
In Chapter 1, it was shown that the aerodynamic effect of 
rapidly pitching an aerofoil beyond its steady-state stall 
incidence has been studied by numerous investigators. Most of 
this work emphasised application to the retreating blade 
stall encountered by the helicopter rotor blade during high 
speed forward flight. Consequently, measurements were 
typically made of the unsteady aerodynamic loadings during 
sinusoidal pitching oscillations characteristic of the cyclic 
variation in incidence imposed on the rotor blade (Chapter 
6). However, associated with oscillatory aerofoi1 wind tunnel 
tests is the necessity of acquiring a large data set required 
to cover, with reasonable resolution, all the conditions of 
interest (i.e., variations of amplitude, frequency, mean 
angle, Reynolds number, and Mach number). Also, the inherent 
non-linear nature of the aerofoil motion introduces 
difficulties when analYSing individual various aspects of the 
stall process. 
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Chapter 6 showed that, for a given set of oscillation 
parameters, the maximum pitch rate, imposed during the cycle, 
was dependent on both the frequency and amplitude of the 
motion. It was further suggested, that the amount of 
trailing-edge separation, present within the cycle, was 
controlled by the magnitude of the imposed pitch rate. Based 
on this observation, it would be reasonable to speculate that 
the entire dynamic stall process may also be dominated by the 
magnitude of the instantaneous pitch rate. Especially 
important to the stall onset, is the magnitude of the pitch 
rate as the aerofoil passes through the static stall 
incidence (Section 7.3.2). The subsequent development of the 
stall is controlled by both the maximum incidence, attained 
during the motion, and, if the forcing function is periodic, 
the time spent above the static stall angle. In an attempt to 
clarify this effect, it would be prudent to consider a series 
of constant pitch rate displacements (i.e., ramp tests). If 
dynamic stall is governed by a fundamental aerodynamic 
process, dependent mainly on pitch rate, then a series of 
ramp tests should allow the sequential timing and manner of 
stall to be deduced and documented. The resulting 
decomposition of the stall process into a series of non-
dimensional 'time delays' is of great value to the developers 
of predictive codes employing predominantly empirical 
procedures. 
Recently (Lang and Francis, 1985), a more direct application 
of ramp tests has developed following the interest in using 
the lift and drag augmentations, that occur during dynamic 
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~ 
stall, to improve combat aircraft manoeuvrability. Such 
manoeuvres typically involve a rapid controll~d pitching of 
the aircraft to a very high angle of incidence at low to 
moderate Mach numbers. 
The present chapter describes the results obtained during a 
series of ramp tests on the RAGA 23012 and 23012{A) 
aerofoils, at a Reynolds number of 1.5 x 106 , and cover a 
range of pitch rates from 0 to 330 -/sec. Although the 
original ramp testing of the RAGA 23012 was carried out by 
Seto and Galbraith (1985), their data have been separately 
analysed by the author to facilitate a uniform comparison 
with the NAG A 23012(A) aerofoil. 
7.2 RAmp Aerod7»oDdc ChAracteristics 
Figures 7.1 and 7.2 illustrate selected ramp tests chosen to 
illustrate the effect of pitch rate on the stall development 
of the two test aerofoils .. The immediate observation, from 
these data, is the dependence of the separation 
characteristics on the imposed angular velocity. Increasing 
the pitch rate induces the separation to transform from a 
static type behaviour to a deep stall characteristic, similar 
to that displayed by the oscillatory tests. Furthermore, 
comparing the three-dimensional pressure plots of Figure 
7.1(c) ~th 6.9 illustrates the high qualitative agreement in 
dynamiC separation behaviour for both ramp and oscillatory 
tests. Clearly a similar vortex shedding phenomenon is common 
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to both motions and, as Figure 7.3 displays, its effect on 
the aerodynamic coefficients is substantial. 
As for the oscillatory tests, pressure-time histories can be 
used to categorise an aerofoil's unsteady boundary-layer 
response to the ramp input. Figures 7.4 and 7.5 show the NACA 
23012(A) to display the features of a trailing-edge stall 
type, whilst the NACA 23012 tends towards those of a mixed 
stall. It is interesting to note that this result is 
identical to that found for the oscillatory tests, and this 
aspect will be discussed later in Sect:i.on 7.3. 
Seto and Galbraith (1985) observed that the vortex initiation 
was associated with a local pressure divergence in the region 
of the 20-35% chord. They argued that the presence or absence 
of this phenomenon, together with the behaviour of the 
leading-edge suction at 0.5% chord, may be used to indicate 
the type of flow separation present. In a manner similar to 
that presented by Seto and Galbraith, Figures 7.6 and 7.7 
illustrate the behaviour of the pressure coefficient at the 
34% chord for various values of reduced pitch rate. Their 
analysis of the NACA 23012 data divided the aerofoil's 
unsteady separation response into two phases: 'quasi-static' 
and 'dynamic', with a transition occurring at a reduced pitch 
rate of 0.0037. However, Figure 7.6 shows that the present 
analysis has revealed a third phase, designated 'quasi-
dynamic', where, as indicated in Figure 7.10, the dynamic 
stall vortex is only of sufficient strength to induce the 
partial collapse in suction at the 0.5% chord. 
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The author is of the opinion that this apportions the stall 
phases more logically, allowing the quasi-static behaviour to 
be free of any vortex shedding. Following these criteria, 
Figure 7.7 implies the NACA 23012(A) aerofoil to have an 
extended quasi-dynamic regime, with full dynamic stall not 
developing until the reduced pitch rate exceeds 0.0055. 
As previously discussed in Chapter 6, the reversal in local 
pressure-time gradient, displayed at the 34% chord. indicated 
that a region of separated flow, further downstream, had 
formed and was modifying the aerofoil's velocity 
distribution. Therefore, the response of the 34% chord 
transducer may be used to imply the presence or absence of 
any significant trailing-edge separation. A generally 
accepted fact is that, during unsteady motion. the amount of 
trailing-edge separation within the cycle is controlled by 
the magnitude of the imposed pitch rate. Figure 7.6 indicates 
that, for the NACA 23012, significant separation suppression 
existed for reduced pitch rates above 0.011. However. Figure 
7.7 implies that, for the illustated range. this behaviour is 
not displayed by the NACA 23012(A) and is evidence of its 
enhanced separation characteristics. 
It is clear. from the above discussion. that three salient 
locations for pressure history analysis are. at the leading 
and trailing edges, and in the vicinity of the 30% chord 
position. Focusing on these responses, Figure 7.8 implies 
that the vortex initiation was prior to the leading-edge 
suction collapse and, although not presented here, this was 
- 85 -
found to be common for both test aerofoils at all relevant 
reduced frequencies. This particular phasing of events 
indicates the limited role of the leading-edge pressure 
distribution as an indicator of the region of local boundary-
layer breakdown which precedes vortex formation. In fact, as 
Figures 7.9 and 7.10 show, although the manner of leading-
edge response changes from a partial collapse during quasi-
dynamic stall, to complete collapse during dynamic stall, the 
peak suction and its associated incidence continue to 
increase with increaSing reduced pitch rate. It might be 
expected that the continual rise in peak velocity, and the 
implied increaSing severity of the adverse pressure gradient, 
imposed on the local boundary layer, would eventually cause 
the vortex inception point to move towards the leading edge. 
However, the results, obtained for both test aerofoils, 
indicated that this trend did not occur, and that the vortex 
initiation point remained in the vicinity of the 30% chord. 
It is interesting to compare the results illustrated in 
Figure 7.11 to those obtained by Wilby (1984), where a 
levelling off of both peak suction and its associated 
incidence was observed at a reduced pitch rate of 
approximately 0.01. Wilby suggested that a possible 
interpretation of his data was that, for low pitch rates the 
stall vortex was triggered by a rear separation, which was 
progressively suppressed as the angular velocity was 
increased. This allowed greater values of incidence, and 
higher suction peaks, to be attained before stall onset 
occurred. At high pitch rates, the rear separation was 
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sufficiently suppressed for the leading-edge pressure 
distribution to become the stall trigger. However, it must be 
appreciated that these data were obtained under a test 
condition of Re = 2.8 x 106 and M- = 0.3, and as such, the 
local Mach number at the leading edge was in the critical 
region of 0.85 to 1.05, thus allowing the development of 
strong compressibilty effects. The present low speed tests 
were taken at a Mach number of 0.11 which, even at the 
highest pitch rate of 330 -/sec, only induced a local Mach 
number at the leading edge of approximately 0.5. The 
difference in these findings, therefore, indicate a possible 
effect of freestream Mach number on the role of the leading 
edge as a stall trigger. 
7.3 Cgmparisgn With Qscillator7 Data 
7.3.1 Qualitative Results 
If dynamic stall is governed by a specific boundary-layer 
response to the imposed pitch rate, then comparisons between 
ramp and oscillatory data should provide an insight into this 
phenomenon. The near linear portion of the oscillatory test 
should adequately span the aerofoil's static stall incidence, 
and the maximum attainable incidence should be large enough 
to ensure deep dynamiC stall. In order that the comparison is 
valid, the stall process would need to be similar in the 
manner of onset and development. Chapter 6 introduced the use 
of pressure-time histories to illustrate an aerofoil's 
unsteady boundary-layer separation characteristics. It was 
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also shown that the analysis of individual transducer 
pressure traces may be used to locate the chordwise origin of 
the vortex inception, and monitor its subsequent translation 
across the aerofoil's upper surface. Figure 7.12 summarises 
the unsteady separation characteristics of the two test 
aerofoils undergoing both ramp and oscillatory variations in 
incidence. The pitch rate of the near linear portion of the 
oscillatory cycle was chosen to equate that achieved during 
the ramp test (= 150 -/sec). It can be seen that, for each 
test aerofoil, good qualitative agreement exists between the 
separation characteristics observed during each test 
condition. Galbraith et al (1986) suggested that, once 
initiated, an aerofoil's deep dynamic stall development was 
governed by a freestream dependent process and, therefore, 
similar observations for different motions could be made. The 
pressure wave, normally associated with vortex movement, may 
be highlighted by the use of pressure coefficient contour 
plots. In this format the vortex appears as a ridge, and 
Figure 7.13 illustrates that the gross features of the 
dynamic stall development are common for both types of 
motion. 
7.3.2 Effect of Pitch Rate 
Common to all the available literature on dynamic stall is 
the observation that unsteady effects are enhanced with 
increasing rate of change of aerofoil incidence. As discussed 
in Chapter 1, the boundary layer is particularly sensitive to 
pitch rate, and this is reflected in the response of 
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individu~l tr~nsducer pressure-time histories. If this is 
true, then, providing equal pitch rates are imposed, the 
boundary-layer response should be similar for different types 
of motion. Figures 7.14 and 7.15 compare the reponses from 
three transducers obtained, for both test aerofoils, during 
oscillatory and ramp tests in which the pitch rate was 
approximately 150 "/sec. It can be seen that the stall onset 
(indicated by the abrupt pressure divergence at the 34% 
chord), vortex strength, trailing-edge separation 
characteristics, and the leading-edge suction response are 
all essentially independent of motion type. These pressure 
responses manifest themselves in the aerodynamic loadings 
and, Figure 7.16 illustrates the high qualitative agreement 
between the ramp and the upstroke of the oscillatory test. 
The apparent conclusion from the aforementioned analysis is 
that, providing the aerofoil motion allows deep stall 
development, the.dynamic stall process is governed by the 
magnitude of the pitch rate through the static stall 
incidence. 
7 .• D7»Amic stAll Event TimiUS 
7.4.1 Definition of Timing XArks 
Chapter 1 introduced the generally accepted qualitative 
description of the dynamic stall phenomenon, which involved 
an explanation of the distinctive aerodynamic loadings 
observed, by virtue of the division of the process into 
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several particular phases of flow development (Figure 1.4). 
The manner of the stall,inception, and subsequent vortex 
translation, represent an important phase change from a flow 
dependency on the aerofoil state to that of the freestream, 
where the associated wake will be insensitive to the detailed 
aerofoil shape and motion. This process can be described as a 
tranformation from a streamlined flow to that of a bluff 
body. The passage of the dynamic stall vortex over the 
aerofoil surface manifests itself in the aerodynamic 
loadings, and therefore, the time histories of the 
appropriate coefficients may be used as an indicator of the 
average development time. However, the formation of a 
localised protuberance within the boundary layer would be 
immediately indicated by the response of the local pressure 
coefficient, and therefore an assessment of the non-
dimensional time delays, associated with the stall process, 
can be achieved by the isolation of well defined timing marks 
on particular chordal pressure histories. Figure 7.4 
indicated vortex inception to occur in the region of the 30% 
chord, and hence stall onset was assumed to have begun when 
the pressure coefficient at the 34% chord abruptly diverged. 
From the three-dimensional representation of the upper 
surface pressure, it may be observed that there is a 
prominent peak in the trailing-edge pressure history. This, 
as discussed by Seto and Galbraith (1985), was taken to· be 
the point at which the vortex broke away from the trailing 
edge, and the subsequent inrush of fluid into the low 
pressure region. This peak was assumed to be representative 
of stall completion. The association of the distinct stall 
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events with a common time scale, incorporating the effects of 
parameter variations (i.e., aerofoil, motion type, etc), 
would be most beneficial when attempting to model dynamic 
stall via an empirical approach. 
7.4.2 Formation o~ Time Delays 
Throughout the available literature relevant to dynamic 
stall, the non-dimensional pitch rate parameter, ac/U_. seems 
to be the most important factor in determining the increase 
of the dynamic stall incidence above the static stall value. 
The essential requirement of an empirical dynamic stall model 
is to predict the dynamic stall delay, (ac. - as.>, and, 
based on the above argument, it is logical to assume as a 
first approximation: 
ac. - as. = ~(ac/U_> 
When considering a practical method for the prediction of 
unsteady aerodynamic loadings for helicopter rotors, Beddoes 
(1975) adopted a statistical analysis of some 300 specific 
test cases exhibiting similar dynamic stall characteristics 
(e.g., Liiva et al, 1968). The fundamental physical principle 
for the model assumes that, once initiated, the stall and 
recovery processes unfold within a set non-dimensional time 
scale i.e., tn = tU_/c. For a particular test, the angle of 
incidence, a~, which delimits static behaviour is determined 
by the break in pitching moment. When the local value of 
incidence exceeds a~, the onset of separation is assumed to 
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be delayed for a finite period of time, Tl, during which the 
aerodynamic response is an extension of the attached flow 
behaviour. If this time delay is exceeded, vortex shedding is 
triggered, and after a further period of time, Tz, during 
which the vortex traverses the chord, it passes free of the 
trailing edge. In this interval, lift is generated by the 
vortex, and the overall level maintained eqUivalent to that 
for the fully attached flow, but the centre of pressure moves 
aft as a function of both angle of incidence and time. Figure 
1.6 illustrates the sequence of events and associated 
behaviour of lift and pitching moment. The calculated values 
of these time delays did not appear to be sensitive to pitch 
rate, and were found to be: 
Tl = 2.44 ± 0.49 and Tz = 5.41 ± 0.61 
Further research by Beddoes (1978) showed that the steady 
flow pitching-moment break criterion led to a premature 
prediction of dynamic stall for some aerofoils at low Mach 
number <~<0.35). Beddoes concluded that this was due to the 
effect of trailing-edge separation, and that the criterion of 
static pitching-moment break was inadequate for the dynamic 
~ 
case. He argued that the suppression of trailing-edge 
separation, under dynamic conditions, would allow the usage 
of the leading-edge pressure distribution as a criterion for 
static delimitation. This method allowed the time dependent 
local velocity distribution to be calculated for unsteady 
attached flow conditions. The subsequent information was used 
to predict the initiation of the dynamic stall process by 
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comparison with a limiting value of leading-edge velocity 
given by the correlation of Evans and Mort (1959). 
Application of the new criterion gave a reduction in Tl to a 
value of approximately 2.0. 
It is obvious, from the above discussion, that a fundamental 
aspect of an empirical time delay model is the selection of 
the event, and associated incidence, that signifies the 
delimitation of the static stall behaviour (hereby designated 
the dynamic stall criterion). However, following the 
selection of a particular dynamic stall event (i.e., vortex 
inception), the choice of whether or not to reference it to a 
unique static stall feature remains optional. For example, 
consider a ramp test whose start incidence is 00, dynamic 
stall criterion, a~, and vortex inception, avo Then the non-
dimensional time delay for vortex inception, referred to a~, 
is: 
Assuming, as Beddoes (1975) found, the time delays were 
independent of pitch rate, a linear regression calculation, 
using av as the dependent variable and ac/U_ as the 
independent, would need to be constrained to pass through a~ 
before the calculated gradient of the line can be equated to 
the time delay. 
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If, however, the observed relationship between «v and ac/U_ 
is non-linear, then one of the following conclusions may 
apply: 
(1) The time delay is a function of the pitch rate. 
(2) The choice of dynamic stall criterion was incorrect. 
To alleviate this problem the linear regression calculation 
may be unconstrained, and the calculated intercept with the 
incidence axis attributed to the critical value of static 
delimitation. Although this method was adopted during the 
present analysis, Section 7.5 illustrates the problem of 
attributing this particular value of incidence to a 
meaningful static stall event. 
1.5 Calculation of Time DelA7s 
1.5.1 stall Onset 
From the ramp data, collected for the two test aerofoils, the 
variation of pitching-moment break (indicating vortex 
inception) with pitch rate was obtained for each profile, 
Subsequent analysis followed that given by Wilby (1980), in 
which a definition of the pitching-moment break was taken as 
the angle of incidence, amv, for which the value of the 
coefficient had fallen by 0.05 below its maximum value. 
Plotting these values against the non-dimensional pitch rate 
parameter, ac/Um, and calculating the resultant slope gave a 
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value for non-dimensional time delay associated with vortex 
shedding. It is apparent, from Figure 7.17, that the 
variation of amv, does not possess a unique linear dependence 
on the pitch rate parameter throughout the full range of 
pitch rates. However, in conformation with those data 
obtained by Wilby (1980), it was inferred that a linear 
relationship existed for values of pitch rate parameter less 
than 2.0. The results from this analysis imply that the 
earlier vortex initiation, displayed by the NACA 23012(A), 
had been triggered by the enhanced trailing-edge separation 
characteristics. However, as previously mentioned, Beddoes 
(1978) concluded that, for aerofoils displaying prominent 
trailing-edge separation, the use of a pitching-moment break, 
to indicate stall onset, may be inadequate. Therefore, an 
alternative method of defining vortex inception, from the 
pressure histories at particular chord positions, was 
implemented, the results of which are discussed in the 
following text. 
If the divergence of the 34% chord pressure history can be 
used to indicate vortex inception, then its response may also 
supply information about the effect of trailing-edge 
separation on the stall onset. Figure 7.18 shows the NACA 
23012(A) to display a reversal in local pressure-time 
gradient prior to the abrupt vortex induced divergence. This 
drop in suction suggested that a region of separated flow 
further downstream, had formed and was modifying the 
aerofoil's surface velocity distribution. Indeed, this 
turning pOint was accompanied by a substantial rise in 
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suction at the trailing edge, which strongly suggested the 
formation of a wake behind the aerofoil. The NACA 23012 
displayed neither of these characteristics, and therefore 
presumably very little, if any, trailing-edge separation had 
occurred prior to vortex inception. The delay in pressure 
divergence, displayed by the NACA 23012(A), is significant, 
since it suggests that a possible effect of enhanced 
trailing-edge separation is to suppress vortex initiation. 
This particular observation is significant, since it 
contradicts the previous time delay calculation based on the 
pitching-moment break. To further investigate this conflict, 
pressure-time histories were analysed, and the incidence at 
which the earliest abrupt vortex induced divergence, within 
the region of 20-40% chord, was noted. This incidence, 
designated Qpv, was used in an identical time delay 
calculation to the pitching-moment break. Figure 7.19 
illustrates the results of this analysis, which, with respect 
to the NACA 23012, now imply the NACA 23012(A) to have a 
delay in vortex initiation. It is interesting to note that 
for each test aerofoil the implied value of static 
delimitation, illustrated by the intercept with the incidence 
axis in Figure 7.19, is approximately 1.5· greater than the 
static stall angle, obtained from the steady-state tests 
described in Chapter 5. The significance of this intercept is 
at present unclear and, although not presented here, warrants 
further investigation. Assuming that the pressure history 
divergence gave a correct indication of vortex inception, 
Figure 7.20 may help to resolve the contradiction between the 
two aforementioned time delay calculations. The implication 
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is that, a 0.05 reduction in pitching moment for the NACA 
23012(A) was caused by the presence of trailing-edge 
separation, whilst for the NACA 23012 this response was due 
to the presence of the dynamic stall vortex. 
7.5.2 Post-Stall Characteristics 
Figure 7.21 illustrates that a periodic vortex shedding was 
induced subsequent to the aerofoil developing a region of 
fully separated flow over the upper surface. The observed 
periodic fluctuations in trailing-edge pressure were found to 
be approximately that for a Von Karman vortex street shed by 
a circular cylinder, having a diameter equal to the vertical 
prOjection of the aerofoil chord. As discussed by Schlichting 
(1979), a cylinder will generate a vortex street at a 
Strouhal number of 0.21 for Reynolds numbers less than lOG, 
and at 0.27 for values greater than 3 x lOG. No regular 
vortex street will be formed when the aerofoil is between 
these limits. The Reynolds number of a cylinder equivalent to 
the test aerofoil, at an incidence of 40·, is approximately 
lOG which, since this is a value near the boundary where 
periodic shedding would cease, may explain the decay in shed 
vortex strength with time. However, the averaging process, 
used during data reduction, will also contribute to the 
elimination of any out-of-phase phenomena. 
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7,6 Conclusions 
Based on ramp data recorded for the NACA 23012 and 23012(A) 
aerofoils at a Reynolds number of 1.5 x 106 , the following 
conclusions were made: 
(1) The nature of the upper surface separation was dependent 
on the imposed angular velocity. Increasing the pitch 
rate induced the separation to transform from a static 
type behaviour to a deep stall characteristic, dominated 
by the presence of a shed vortex. The enhanced trailing-
edge separation characteristics, of the NACA 23012(A) 
aerofoil, caused an increase in the pitch rate at which 
weak vortex shedding first appeared. 
(2) The amount of trailing-edge separation, found during a 
particular ramp test, was modified by the magnitude of 
the imposed pitch rate. For the NACA 23012 significant 
separation suppression existed for reduced pitch rates 
above 0.01. This behaviour was not observed for the NACA 
23012(A), and was accepted as evidence, that the enhanced 
trailing-edge separation characteristics, observed during 
static tests, were carried through to the unsteady 
regime. 
(3) Based on the qualitative comparisons between ramp and 
OSCillatory data it was possible to conclude, that the 
dynamic stall process was governed by a specific 
boundary-layer response to the magnitude of the pitch 
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rate, imposed by the forcing function. Especially 
important to the stall onset point was the value 
subjected to the aerofoil as it passed through the static 
stall incidence. 
(4) The leading-edge laminar separation bubble had no direct 
involvement with the initial formation of the dynamic 
stall vortex. 
(5) On comparison of the present ramp data with those 
obtained by Wilby (1984), a possible effect of freestream 
Mach number on the appearance of the leading-edge 
pressure distribution as the stall trigger was implied. 
(6) The deduction of the sequential timing and manner of the 
stall process was shown to be effectively accomplished by 
the use of ramp test data. 
(7) The method adopted to define vortex inception was shown 
to be critical when attempting a calculation of the non-
dimensional time delay associated with this event. Based 
on the analysis of pressure histories, at particular 
chord positions, it was deduced that a consequence of 
significant trailing-edge separation was to delay the 
initiation of the dynamic stall vortex. 
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CHAPTER 8 
BOT FILl( AIBJlDXBTRY 
8,1 Intrpduction 
In Chapter 6 it was shown that the pressure-time histories 
could be used to locate and monitor the development of the 
dynamic stall vortex. However, this form of analysis supplied 
little information about the fundamental fluid mechanics of 
the process. It is well known that static stall mechanisms 
are derived from combinations of separation phenomena at the 
\ 
aerofoil's leading and trailing edges. It would therefore be 
reasonable to assume that a similar picture may emerge when 
considering an aerofoil's dynamic stall characteristics. A 
major component of dynamic stall is the overshoot of the 
static stall incidence which, as discussed in Chapter 1, 
implies the existence of a time delay induced by the unsteady 
response of both the potential flow and the aerofoil's 
boundary layer. 
Numerous oscillatory aerofoil tests involving either hydrogen 
bubbles in water <McAlister and Carr, 1978) or oil-smoke in 
air <Robinson and Luttges, 1983) have attempted to visualise 
the unsteady boundary layer during the dynamic stall process. 
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Although these experiments are extremley valuable their 
application is restricted by the low Reynolds number required 
to achieve successful visualisation. This Chapter describes 
the results obtained from a series of hot-film experiments 
which allowed an investigation into the boundary-layer 
characteristics at a Reynolds number of 1. 5 x 10e,. 
8.2 The Hot-Film Anemometer 
A standard method of investigating the surface shear stress 
distribution, associated with a boundary-layer flow, is the 
use of hot-film probes. This equipment can determine the 
boundary-layer transition, flow reversal and separation 
characteristics over a large Reynolds number range. Although 
the hot-film is a powerful sensor, its design and 
construction gives rise to the following problematic 
characteristics: 
(1) For single element gauges, forward and reversed flow can 
not be directly distinguished. However, since the output 
of the probe is related directly to the wall shear 
stress, when flow reversal occurs, the instantaneous 
value of skin friction passes through zero, which results 
in a local minimum in the resultant signal. 
(2) Meier et al (1981) noted that in the region of vanishing 
wall shear stress, the hot-film became insensitive to the 
surrounding flow conditions. McCroskey et al (1976) 
showed that this feature was caused by heat loss to the 
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substrate of the gauge which had the effect of causing 
the minimum value of the hot-film signal to decrease 
slowly with time. 
(3) Subjective decisions are required in order to isolate 
salient features of the flow behaviour. McCroskey et al 
(1982) commented that the "evaluation of hot wire data is 
very subjective, and presents a formidable analytical 
task". 
These effects can make the interpretation of the signal 
difficult. Whenever possible, error bands, associated with 
each hot-film signal, were estimated and these are indicated 
on the relevant figures. 
8.3 Stead7-State Results 
8.3.1 Boundary-Layer Characteristics 
Figures 8.1 and 8.2 illustrate typical sets of ultra-violet 
oscillograph traces obtained during static tests on the two 
test aerofoils. The vertical scale on the trace represents 
the uncalibrated boundary-layer surface shear stress, whilst 
the horizontal axis depicts time. The angle of incidence was 
also recorded and is illustrated by a series of 'steps'. It 
should be noted that in order to conveniently accommodate the 
twelve hot-film output signals on the UV paper, the four 
trailing-edge traces were inverted. Appropriate to each 
chordwise gauge, the estimated points of transition, flow 
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reversal. and separation are marked on the resulting output 
trace. 
When the hot-film was within the laminar region the output 
signal contained. as expected, very little noise indicating 
that no boundary-layer turbulence was present. The 
progressive drop in output followed by an abrupt increase can 
be interpreted as a transition from laminar to turbulent 
flow. This characteristic demonstrates the low wall shear 
stress of the laminar region and, when used in conjunction 
with the oil-flow visualisation results <Chapter 4), 
indicates the possible presence of a leading-edge laminar 
separation bubble. 
In contrast to the laminar region, the signal from the 90% 
gauge shows the high noise generated by the turbulent 
boundary layer. As a result of this turbulent component being 
superimposed on the mean response, the instantaneous value of 
the signal reaches zero before flow reversal of the ensemble 
averaged flow has occurred. This observation is in agreement 
with Kline et al (1981) who noted that two-dimensional 
turbulent flow detachment was not a single event but a 
transition from attached to detached flow. For a turbulent 
boundary-layer, zero wall shear stress is created by the 
averaging to zero of strong unsteady motions of opposite 
sign, and therefore full detachment occurs over a zone. 
However, forward of the 48% chord position, separation 
occurred in a different manner, apparently involving a 
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shorter transition time to detached flow, and weaker post-
detachment flow reversal. 
8.3.2 Flow Separation Estimation 
Figure 8.3(8) shows the estimated static separation loci for 
both the NACA 23012(A) and 23012 aerofoils. Although the NACA 
23012(A) displayed an enhanced separation characteristic, 
Figure 8.3(b) indicates that it did not realise the full 
modification inferred by the oil-flow visualisation tests. 
However, this figure also displays two • pre-separation' 
points of low wall shear stress, as indicated by the 
trailing-edge hot-films, and these correlate much closer with 
the oil-flow results. The implication is therefore, that in 
regions of low wall shear stress, the accumulation of oil 
promotes boundary-layer separation. Since estimations of flow 
separation from oil-flow tests are commonly hampered by oil 
accumUlations, gravitational effects and three-dimensional 
flow. it is not suprising that the correlation with the hot-
film gauges is poor. 
As previously discused in Chapter 6, separation estimations 
can be achieved by the analysis of the instantaneous 
chordwise pressure distributions. Figure 8.3(c) shows that, 
for incidence values less than 17.0·, good agreement exists 
between the estimated separation points from both hot-film 
and pressure distribution data. The consideration of the 
reattachment loci, as indicated by the hot-films and pressure 
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distributions (Figure 8.3(d» led to the following 
interesting observations: 
(1) Both aerofoils displayed similar reattachment 
characteristics. 
(2) For incidences above 18.0·, both aerofoils displayed an 
approximate 3.0· difference between separation and re-
attachment. 
(3) For incidences below 15.0·, the NACA 23012 still 
displayed a small difference, whilst the NACA 23012(A> 
did not. 
(4) Leishman (1984) commented that, for the NACA 23012, the 
correlation between hot-film reattachment and oil-flow 
separation was much closer. However, on consideration of 
the experimental error limits associated with each method 
of separation estimation, this observation was difficult 
to substantiate; the data obtained for the NACA 23012(A> 
did not support this observation. Although the subjective 
nature of both hot-film and oil-flow analysis combined 
with Leishmans limited number of gauges (only three> 
would probably explain this difference of opinion. 
In agreement with the oil-flow results, Figure 8.4(a) 
demonstrates that, for the NACA 23012(A), there was little 
dependency of flow separation on Reynolds number. Figure 
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8.4(b) also shows a similar trend for the NACA 23012 
aerofoi1. 
8.4 Ramp Test Results 
8.4.1 Flow Reversal Characteristics 
Figures 8.5 and 8.6 illustrate typical hot-film data obtained 
during ramp tests on the two test aerofoi1s. Following the 
same rules as for the steady tests, the estimated points of 
average zero wall shear stress are indicated for each 
chordwise station. During each ramp test, five cycles of hot-
film data were logged. These data were then visually 
compared, in a qualitative manner, and a 'representative' 
cycle was selected for final detailed analysis. As previously 
mentioned, hot-film data evaluation presents a formidable 
task, and the above procedure was adopted to reduce analysis 
time. Unfortunately this left a large amount of data 
unanalysed ,and, more importantly, the final results may 
not accurately represent the aerofoil's average unsteady 
boundary-layer response to a particular test condition. 
When considering the characteristics of an unsteady boundary 
layer, it must be remembered (Chapter 1) that flow reversal 
and separation are generally distinct phenomena. Flow 
reversal refers to conditions in the inner part of the 
boundary layer, adjacent to the aerofoi1 surface, and its 
onset corresponds to the vanishing of the local wall shear 
stress. Separation, on the other hand, refers to the 
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detachment of the outer flow from the aerofoil contour, and 
the subsequent breakdown of the classical boundary-layer 
equations. Figure 8.7, therefore, compares the zero skin 
friction loci for both of the test aerofoils undergoing an 
identical series of ramp tests of increasing pitch rate. 
These data display a distinct delay in the movement of the 
flow reversal point with increasing pitch rate. Scruggs et al 
(1974) commented that any delay in the flow reversal onset 
could be regarded as an estimate of the delay in dynamic 
stall onset. 
Figure 8.8 illustrates the chordwise pressure distributions, 
for an equivalent series of ramp tests, at selected 
instantaneous incidence values equal to those indicated by 
flow reversal at the 90% chord hot-film. For pitch rates 
greater than 4.8 -Is the pressure distributions for the NACA 
23012 do not indicate separation at the 90% chord despite the 
existence of flow reversals. Even when the estimated angular 
error band for the hot-film traces was accounted for, this 
general observation was still apparent. As discussed in 
Chapter 1, the flow in the interior of the turbulent boundary 
layer is strongly affected by unsteady effects. In a 
particular series of unsteady turbulent boundary layer 
experiments, Parikh et al (1981) observed that if the applied 
unsteady pressure gradient was varied at a significant 
frequency, the boundary-layer thickness remained frozen even 
though flow reversals were indicated. This behaviour is in 
contrast to that of a steady boundary layer, where a large 
thickening of the shear layer occurs as flow reversal is 
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approached. The present experimental results support this 
observation since they indicate that regions of zero average 
wall shear stress, and weak flow reversals, can exist without 
boundary-layer separation. However, although the trailing-
edge pressure gradient is very low, the chordwise pressure 
distributions for the NACA 23012{A) may be indicating that 
the onset of flow reversal and separation are in closer 
agreement. The implication then, is that if the external 
adverse pressure gradient is strong enough the unsteady 
boundary layer will separate and a small wake will form 
behind the aerofoil. 
8.4.2 Vortex Initiation 
Figure 8.9 illustrates the chordwise pressure distributions, 
obtained during a ramp test of 100 -Is pitch rate, at 
incidence values chosen to coincide with those indicating 
flow reversal at the 34% chord hot-film. The NACA 23012 
pressure data clearly indicate that boundary-layer separation 
had not occurred despite the deep penetration of flow 
reversal towards the leading edge (c.f., Figure 8.6). However 
the NACA 23012{A) pressure data now positively indicate flow 
separation and although not coincident with the point of flow 
reversal the possibility of the formation of a wake behind 
the aerofoil now exists (c.f., Figure 8.5). 
Whilst studying the deep dynamic stall characteristics of the 
NACA 0012 aerofoil, McCroskey et al (1976) noted that a 
region of highly disturbed boundary-layer flow progressed 
-108 -
upstream, with increasing incidence, to the vicinity of the 
30% chord. This behaviour was described as a 'tongue of 
reversed flow', since it was found that no upper surface 
pressure divergence, indicating possible boundary-layer 
separation, was observed. Water tunnel experiments by 
McAlister and Carr (1978) also found that, prior to vortex 
formation, a region of reversed flow momentarily appeared 
over the entire upper surface without any appreciable 
disturbance to the viscous-inviscidboundary. Figures 8.Q(b) 
and a.Q(d) display the pressure distributions at an incidence 
of 1.6- above that for which flow reversal was indicated at 
the 34% hot-film. At these incidence values, both test 
aerofoils developed a region of discontinuous pressure 
gradient between the 20 to 50 percent chord <marked 'P' in the 
figure). It was generally observed that this region developed 
into the well known vortex induced pressure protuberance, 
whose appearance correlated with the pressure divergence at 
the 34% chord location (see also Chapter 7). McCroskey et al 
(1980) observed that, for aerofoils displaying a trailing-
edge type static stall, unsteady moment stall was preceded by 
a movement of flow reversal in a thin layer at the bottom of 
the boundary layer. When this flow reversal point reached the 
leading-edge region, the boundary layer broke down and a 
vortex formed at the 30% chord position. The present data 
support this observation that, for aerofoils which display a 
steady-state stall mechanism via abrupt or gradual trailing-
edge separation, vortex initiation occurs after the 
appearance of flow reversal at approximately 30% chord. 
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8.4.3 Time Delay Calculation 
Assuming that the dynamic stall vortex is initiated after the 
flow reversal point has reached the 34% chord, a series of 
ramp tests of increasing pitch rate can be used to calculate 
a time delay similar to that developed in Chapter 7. Figure 
8.10 shows the angle of incidence at which the point of flow 
reversal reached the 34% hot-film, plotted as a function of 
the pitch rate parameter. A linear regression calculation on 
these data points gave the following results: 
(i) The NACA 23012(A) had a higher time delay than the NACA 
23012. This was attributed to the slower movement of the 
flow reversal point over its upper surface. 
(2) The value of each intercept was approximately equal to 
the incidence at which flow reversal reached the 34% 
chord during a static test. 
Both the pressure distributions and the pressure divergence 
at the 34% chord indicate that there was a finite time 
between the arrival of flow reversal at the 34% chord and the 
formation of the dynamic stall vortex. This extra time delay 
may be dependent on the magnitude of the adverse pressure 
gradients ahead of the 34% chord i.e., when a certain value 
of pressure gradient is acquired, the local boundary layer, 
in the region of the zero shear stress point, breaks away 
from the aerofoil contour and forms the dynamic stall vortex, 
which subsequently feeds from the reversed flow moving 
-110 -
upstream from the trailing edge. Figures 8.5 and 8.6 indicate 
large increases of reversed flow, signifying the formation of 
the dynamic stall vortex. A well known effect of trailing-
edge separation is the reduction of the leading-edge suction 
peak. It is postulated here, that, during the aforementioned 
unsteady motion, this effect will relieve the leading-edge 
pressure gradients, allowing a delay in boundary-layer 
breakdown and subsequent vortex formation. 
Figure 8.11 summarises the theoretical results obtained by 
Scruggs et al (1974), in which an unsteady potential flow and 
unsteady boundary-layer calculation was utilised to 
investigate the effect of pitch rate on the behaviour of the 
flow reversal point. Although these data were for the NACA 
0012 aerofoil at a Reynolds number of 1 x 10e" they have 
predicted the general trend of the present experimental data. 
Whilst considering the time delay, associated with dynamic 
stall overshoot, Scruggs examined the predicted arrival of 
the flow reversal point at the 50% chord. Figure 8.l1Cb) 
reproduces his theoretical results and compares them with the 
current flow reversal data obtained from the 48% chord hot-
film. The correlation in trend is seen to be very high. 
8.4.4 The Unsteady LaDdnar Separation Bubble 
Brief mention should be made in this Chapter on the attempts 
to relate the onset of dynamic stall to the bursting of the 
leading-edge separation bubble e.g., the work of Johnson and 
Ham (1972). The bubble characteristics were modelled in such 
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a way that unsteady potential flow effects delay its 
bursting, which was the mechanism presumed to precipitate the 
dynamic stall process. The present results indicate that, at 
least for trailing-edge stall aerofoils, bubble bursting was 
not involved in the formation of the dynamic stall vortex. 
Similar results obtained by McCroskey et al (1980) also 
indicated that for many types of aerofoils, bubble bursting 
was not the correct mechanism for dynamic stall onset. 
8.5 Oscillatory Test Results 
8.5.1 Flow Reversal Characteristics 
Figures 8.12 and 8.13 illustrate sample hot-film UV records, 
for both test aerofoils, obtained during an OSCillatory test 
of 10' mean angle, 10' amplitude and 0.10 reduced frequency. 
As mentioned previously. each flow reversal locas was 
obtained from the analYSis of one individual cycle and 
therefore may not accurately represent the aerofoil's average 
unsteady boundary-layer response to a particular test 
condition. For selected tests, two or three cycles were 
analysed and. in general, the agreement in flow reversal over 
the rear of the aerofoil was good. However. as shown in 
Figure 8.13, differences were occasionally observed in the 
leading-edge region. Figures 8.14 and 8.15 demonstrate the 
effect of reduced frequency on the flow reversal loci for two 
oscillatory tests of 10' mean angle and amplitudes of 8' and 
10' respectively. The dominant effect is, as expected, very 
similar to that of increasing pitch rate. These data 
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reinforce the observation that, for locations greater than 
the 50% chord, the NACA 23012(A) displayed a tendency to 
reach the condition of zero wall shear stress before the NACA 
23012. Figure 8.16 illustrates the chordwise pressure 
distributions that accompany the hot-film tests above. These 
data, which show distinct similarities to the ramp data, 
highlight the difference between flow reversal and separation 
during unsteady flow conditions. They also show that the 
dynamic stall vortex is not due to the bursting of the 
leading-edge bubble, but is initiated after flow reversal 
reaches the 34% chord position. 
8.5.2 Time Delay Calculation. 
When considering vortex initiation during an oscillatory 
test, the non-linear variation in pitch rate throughout the 
cycle complicates aerofoil performance comparison. Referring 
to the results obtained from the ramp tests in Chapter 7, 
Figure 7.19 can be used, in conjunction with the maximum 
pitch rate experienced during the oscillatory test, to 
estimate the incidence at which the dynamic stall vortex 
would be initiated. For an oscillatory test of 10·+10·sinwt 
at 0.1 reduced frequency, the NACA 23012 ramp data indicated 
that vortex initiation would occur at the maximum incidence. 
However, although a similar calculation for the NACA 23012(A) 
suggested that vortex initiation would not occur unless the 
maximum incidence was increased by 1.0·, Figure 8.16 
indicates that both aerofoils displayed vortex formation 
<marked 'V' in the figure) at the maximum oscillatory 
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incidence. Based on these observations, two possible 
conclusions exist: 
(1) The decreasing pitch rate encountered by the aerofoil, as 
the maximum incidence was approached, induced premature 
initiation of the dynamic stall vortex. 
(2) That there must exist a critical incidence, lower than 
the vortex initiation value, which, if exceeded makes 
vortex formation inevitable. This observation is very 
similar to that of Wilby (1980) who, as described in 
Chapter 6, suggested that for an oscillatory motion there 
existed a critical angle which, if exceeded, would 
produce an unavoidable break in pitching moment. 
As for the ramp data, a time delay calculation based on the 
arrival of flow reversal at the 34% hot-film can be achieved. 
However, as discussed above, if the maximum oscillatory 
incidence is too low, then vortex shedding will be 
constrained to occur at this point, and any differences 
between the two test aerofoils will be obscured. This 
explanation may account for the similar time delays indicated 
in Figure 8.17. 
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8.5.3 Comparison with other Data Sources 
A major contribution to the experimental investigation into 
unsteady boundary-layer characteristics, during oscillatory 
wind tunnel tests, has been made by McCroskey et al (1982). 
This document described the techniques developed for analysis 
and evaluation of hot-film and hot-wire signals, offered some 
interpretations of the results, and tabulated all the cases 
in which flow reversal was observed. Figure 8.18 compares the 
results obtained for two aerofoils which displayed similar 
geometric differences to the present test aerofoils. These 
data show a very similar trend to the present test results 
described above. It is interesting to note that for 
increasing Mach number both the VR-7 and FX-098 aerofoils 
show a transition from a trailing-edge to a leading-edge 
stall. The implication is that the present observations, of a 
trailing-edge vortex initiation, will also be restricted to 
the low Mach number regime. 
8.6 The Unstead7 stall Prasresaion 
The following series of events concern the formation of the 
primary vortex, associated with an aerofoil undergoing deep 
dynamic stall, whose steady-state stall mechanism is via 
separation growth from the trailing-edge. 
(1) Aerofoil exceeds static stall incidence; the boundary 
layer remains attached, and thus induces a linear 
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extrapolation of the aerofoil's steady-state aerodynamic 
behaviour. 
(2) A thin stratum of reversed flow develops in the wall 
region of the boundary 'layer; the resulting shear layer 
remains in close proximity to the aerofoil surface 
contour. However, as the preceding dissussion has 
indicated, if the geometry of the aerofoil induces the 
formation of large adverse pressure gradients over the 
trailing-edge region, a small amount of separation, and 
subsequent wake formation, will occur. 
(3) The thin layer of reversed flow penetrates to the 30~ 
chord region; the local boundary layer breaks down and 
the dynamic stall vortex is initiated. As this vortex 
begins to grow the magnitude of the reversed flow at the 
aerofoil surface increases. Separation at the trailing 
edge may now become prominent. 
(4) Vortex assisted flow reversals reach the leading edge; if 
the incidence is still increasing, the laminar separation 
bubble will burst causing the suction peak to collapse. 
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8,7 Conclusions 
Based on unsteady hot-film data recorded for the NACA 23012 
and 23012 (A) aerofoils, at a Reynolds number of 1. 5 X 10E", 
the following conclusions can be made: 
(1) The present work has shown that hot-film data can be of 
great benefit to the understanding of the behaviour of 
the boundary layer under unsteady conditions. 
(2) When considering an aerofoil's dynamic stall separation 
characteristics, hot-film analysis is capable of 
distinguishing between vortex initiation mechanisms 
originating from the aerofoil's leading or trailing edge. 
(3) Aerofoils that display a tendency to stall, in steady 
conditions, via separation growth from the trailing edge 
will experience vortex initiation by the breakdown of a 
thin layer of reversed flow travelling upstream beneath a 
stable shear layer, which remains in close proximity to 
the aerofoil's surface contour. 
(4) The actual fluid mechanics of the boundary-layer 
breakdown and subsequent vortex formation are still 
unknown. However, it is postulated that the main effect 
of trailing-edge separation is to alleviate the 
conditions which trigger this phenomenen. 
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CHAPTER 9 
SUJ()(ARY OF COJlCLUSIQJlS 
Am 
RRWUKlDATIOIS FOR FURTHBR YORK 
9.1 Introductign 
The objectives of the present work, stated in Chapter 1, 
have, on the whole, been fulfilled. The manner in which these 
objectives were accomplished allowed the investigation into 
various associated aspects of aerodynamics i.e., validation 
of an inverse aerofoil design technique, the ability of oil-
flow visualisation to indicate an aerofoil's trailing-edge 
separation characteristics, etc. The following summary of the 
observations, made during the present research, attempts to 
highlight these aspects. 
9.2 Aergfgil lDdificotign Prpcedure 
The theoretical aerofoil design technique, described in 
Chapter 3, can be used to advise the aerodynamicist of a 
change in profile geometry which would fulfil the design 
requirements. This technique was applied to the NACA 23012 
aerofoil with the objective of modifying the geometry in such 
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a manner that would retain the leading-edge pressure 
distribution whilst forcing an earlier and more gradual 
trailing-edge separation growth. The subsequently designed 
aerofoil, designated the NACA 23012(A), was shown to display 
an enhancement of the trailing-edge separation 
characteristics via both boundary-layer calculations and oil-
flow visualisation tests. However, the steady-state chordwise 
pressure measurements, discussed in Chapter 5 indicated that 
the effect of viscous interactions reduced the predicted 
difference between the basic aerofoil and its modified 
counterpart. This suggested that the inclusion of 
viscous/inviscidinteractions within the aerofoil design 
procedure would be useful. 
9.3 Conclusions fro. Oscillatory Tests 
Chapter 6 presented the unsteady aerodynamic forces obtained, 
for the NACA 23012(A), from various oscillatory tests at a 
Reynolds number of 1.5 x 106 • On comparison with similar wind 
tunnel data previously collected for the NACA 23012, several 
systematic methods of estimating the effects of trailing-edge 
separation on the dynamic stall process were presented. 
Generally, it was observed that the enhanced trailing-edge 
separation characteristic of the NACA 23012(A), displayed 
during static tests, was carried through to the unsteady 
regime. The amount of trailing-edge separation, found during 
a particular oscillatory cycle, was controlled by the 
magnitude of the imposed pitch rate. Especially important to 
the stall onset point was the value subjected to the aerofoil 
-119 -
as it passed through the static stall incidence. The 
subsequent development of the stall was controlled by both 
the maximum incidence, attained during the motion, and, if 
the forcing function is periodic, the time spent above the 
static stall angle. 
The maximum oscillatory incidence to which an aerofoil can be 
forced whilst maintaining fully attached flow is known as the 
critical angle, and identifies the dynamic stall onset 
regime. This value is the unsteady counterpart, for 
helicopter applications, to operating a fixed wing on the 
verge of static stall. For aerofoils intended for use as 
rotor blades. it is the difference between the critical angle 
and the zero-lift incidence that is important. When compared 
to the RACA 23012, the present results indicated the RACA 
23012(A) to have a lower critical angle which, when coupled 
with the positive zero-lift incidence due to the reflex 
trailing edge. gave the aerofoil a reduced performance in the 
unsteady regime. During the light stall regime, the flow 
separation characteristics over the RACA 23012(A) appeared to 
resemble a coalescing of the dynamic stall vortex with the 
flow separation at the trailing edge. Although the resulting 
pressure wave was more diffuse than that observed for the 
RACA 23012, the more prominent separation at the trailing-
edge induced a significant negative pitching moment. Analysis 
of three-dimensional upper surface plots revealed the RACA 
23012(A) to display weaker vortex shedding during deep 
dynamic stall. However, the relative magnitudes of the 
leading-edge suction, vortex strength and trailing-edge 
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separation induced similar values of negative pitching moment 
as the NACA 23012. 
The present results indicate that. at least for aerofoils 
whose steady-state stall mechanism is via trailing-edge 
separation. bursting of the laminar separation bubble had no 
direct involvement in the initial formation of the dynamic 
stall vortex. The deterioration of the leading-edge suction 
peak appeared to occur after the initiation of the dynamic 
stall vortex. and complete collapse only became apparent when 
the vortex strength had become significant. It was observed, 
that the suction collapse. on the NACA 23012. induced a small 
downstream travelling pressure wave which. at approximately 
50% chord. coalesced with the dynamic stall vortex. This weak 
vortex shedding may have been associated with the bursting of 
the laminar separation bubble. 
Consideration was given to the possible rotor blade response 
under a stall flutter condition by examination of the pitch 
damping characteristics of both test aerofoils under various 
oscillatory cases. The NACA 23012(A) displayed a more stable 
damping characteristic which was attributed to the enhanced 
trailing-edge separation producing an earlier pitching moment 
break. In general. positive damping is commonly associated 
with gradual static stall. whilst negative damping is typical 
of abrupt static stall. 
- 121-
9,4 ConclusiQns fro. RAmp Tests 
Based on the qualitative comparisons between ramp and 
oscillatory data it was concluded in Chapter 7, that the 
dynamiC stall process was governed by a specific boundary-
layer response to the magnitude of the pitch rate imposed by 
the forcing function. The ramp tests were used to investigate 
the sequential timing and manner of the dynamic stall 
process. The resulting decomposition of the stall process 
into a series of non-dimensional time delays is of great 
value to the developers of predictive codes employing a 
predominantly empirical procedure. It was observed that 
increasing the pitch rate induced the separation to transform 
from a static type behaviour to a deep stall characteristic, 
dominated by the presence of a shed vortex. The enhanced 
trailing-edge separation characteristics, of the NACA 
23012(A) aerofoil, caused an increase in the pitch rate at 
which weak vortex shedding first appears. 
The method adopted to define vortex inception was shown to be 
critical when attempting a calculation of the non-dimensional 
time delay associated with this event. Based on the analysiS 
of pressure histories, at particular chord positions, it was 
deduced that a consequence of significant trailing-edge 
separation was to delay the initiation of the dynamic stall 
vortex. Figure 9.1 summarises the difference in steady-state 
separation characteristics, between the two test aerofoils, 
and illustrates the subsequent effect this has on the timing 
of vortex inception under dynamic conditions. 
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On comparison of the present ramp data with those obtained by 
Wilby (1984), a possible effect of freest ream Mach number on 
the appearance of the leading-edge pressure distribution as 
the stall trigger was implied. 
9.5 Cgnclusions fro. Hot-film Tests 
An essential objective recognised by most researchers in the 
dynamic stall field is the investigation of the type of 
unsteady stall and boundary-layer separation characteristics 
associated with various aerofoils. It is these examinations 
which are expected to be crucial in correlating the 
difference between different sections, and in estimating the 
dynamiC stall behaviour of new aerofoils in the future. The 
present work, described in Chapter 8, attempted to satisfy 
this objective by conducting an examination of the aerofoil's 
upper surface boundary-layer shear stress characteristics via 
twelve hot-film gauges. Detailed analysiS of the subsequent 
data led to the conclusion that aerofoils which display a 
tendency to stall in steady conditions, via separation growth 
from the trailing-edge, will experience vortex initiation by 
the breakdown of a thin layer of reversed flow travelling 
upstream beneath a stable shear layer which remains in close 
proximity to the aerofoil's surface contour. Although the 
actual fluid mechanics of the boundary-layer breakdown and 
subsequent vortex formation are still unknown, it is 
postulated that the main effect of trailing-edge separation 
1s to alleviate the conditions which trigger this phenomenen. 
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9,6 Further York 
At present the theoretical aerofoil design technique relies 
on the user having a prior knowledge of how the boundary 
layer will respond to a prescribed pressure distribution. The 
inclusion of viscous/inviscidinteractions within the design 
procedure would not only remove this necessity, but also 
increase the accuracy of the predicted pressure distribution. 
As with static stall characteristics, a detailed knowledge of 
the dependence of the dynamic stall process on aerofoil 
geometry will only be acquired via a large amount of unsteady 
experimental research involving various aerofoils possessing 
specific geometrical properties. A future modification to the 
NACA 23012 aerofoil could be one which reduces the leading-
edge radius, in an attempt to promote stall due to bubble 
bursting. The comparison of this aerofoil's unsteady 
behaviour with the present data may supply much needed 
information concerning the dependence of vortex initiation 
mechanisms on the static stall characteristics. For each 
aerofoil tested under unsteady conditions, the nature of the 
initial boundary-layer separation that precedes vortex 
formation must be identified. This could be accomplished by 
detailed analysis of hot-film data obtained for a wide range 
of test cases. Also, it would be useful to have corresponding 
measurements of the boundary-layer thickness, perhaps by the 
use of hot-wires displaced from the aerofoil surface. The 
ability to fundamentally understand an aerofoil's unsteady 
boundary-layer behaviour is a necessary starting point for 
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any dynamic stall analysis, since the various unsteady 
phenomena must originate from the response of the surrounding 
shear layers to the imposed conditions. 
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Abstract-An investigation into the effects of trailing-edge separation on dynamic stall was carried out 
by modifying and re-testing a NACA 23012 aerofoil. An enhancement in rear separation was obtained 
by modifying the trailing-edge geometry. To maintain similar flow conditions at the leading-edge, the 
original aero foil geometry within this area was left unaltered. The paper presents data obtained from 
oscillatory and ramp tests and shows the modified aeroroil to have an earlier dynamic stall initiation. It 
is suggested that this initiation was triggered, at the lower angle of incidence, by the enhanced rear 
separation. 
NOMENCLATURE 
c = Aerofoil chord (m) 
C .. = Quarter-chord pitching moment 
C. '" Normal force coefficient 
Cp = Pressure coefficien t 
k = Reduced frequency (wc/2U) 
k. = Reduced pitch rate (rt7lcI360U) 
V = Free stream velocity (m/s) 
rt = Pitch rate (DIs) 
rtb = Incidence at which llC .. = 0.05 
rt< = Critical angle of incidence 
rtu = Static stall angle (at C. collapse) 
CXo = Zero lift angle 
w = Angular frequency (radjs) 
1. INTRODUCTION 
In 1929, the National Advisory Committee for Aeronautics (NACA) began studying the 
aerodynamic characteristics of a systematic series of aero foils in an effort to find the shapes that 
were best suited for specific purposes. Since then, much data has been collected and a fundamental 
understanding of the dependence of static stall on aerofoil geometry has been obtained [I]. 
However, since the advent of the helicopter, a new type of stall became apparent. This characteristic 
became known as dynamic stall and was a direct result of the highly unsteady conditions found 
within the rotor flow field. As with the static stall characteristics, a knowledge of the dependence 
of dynamic stall on aerofoil geometry would be extremely useful. 
In recent years there has been significant progress in both theoretical and semi-empirical 
prediction codes used to model the unsteady effects associated with dynamic stall ( a selection of 
these methods are reviewed in Ref. [2]). Clearly, semi-empirical modelling relies heavily on unsteady 
wind tunnel test data and a knowledge of the factors which effect dynamic stall [3]. One such factor 
is the influence of trailing edge separation on the sequential timing of the dynamic stall process. 
From the analysis of integrated pressure data, Beddoes [3] concluded that, to a first order, there 
was a common time scale associated with dynamic stall events. The present paper considers the 
effect of trailing-edge separation on these events by comparing the unsteady performance of two 
aero foils which differ only in trailing edge geometry. 
2. TEST CONDITIONS 
All tests described in this paper were carried out at Glasgow University using an existing 
rig [4] designed to assess the unsteady airloads over an aerofoil undergoing a significant time 
dependent variance in incidence. Aerofoil performance under static, oscillatory pitch and steady 
-Presented at the 12th European Rotocrajt Forum, Garmisch-Partenkirchen, F.R.G., 22-25 September 1986. 
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Fig. I. Separation characteristics for the NACA 23012 
aeroroi!. 
Fig. 2. Invisid pressure gradient (NACA 23012). 
pitch rate (or ramp) conditions can be studied. Chordwise pressure distributions were measured 
at the mid-span position by 30 transducers mounted within the model. Data acquisition and 
reduction was carried out by a DEC MINC (PDP 11/23) minicomputer [5] and during the data 
processing no account was taken of tunnel blockage or interference effects; these were treated as 
being unknown. 
All the tests were carried out at a Reynolds number of 1.5 x 106 which corresponded to a tunnel 
Mach number of 0.11. 
3. TEST AEROFOIL-A MODIFIED NACA 23012 AEROFOIL 
Choice of basic aerofoil 
The NACA 23012 represents a typical helicopter rotor profile which utilises the effects of camber 
to increase its overall aerodynamic performance. For many years this aero foil has been the subject 
of intensive testing and the subsequent accumulation of data well documented within the literature. 
One dominating feature of this profile is its unusual stalling characteristics. On the basis of its 
abrupt lift collapse one might have expected a leading-edge type stall. However, as predicted by 
Gault [IJ this aerofoil should exhibit a trailing-edge stall. This apparent contradiction is due to a 
rapid growth of trailing-edge separation at a critical angle of incidence. 
Using standard experimental techniques [6, 7], the trailing-edge separation front can be 
monitored and recorded. As expected, Fig. I shows the NACA 23012 aerofoil to have a rapid 
forward movement of separation at a critical angle of approx. 14°. For the past few years the 
NACA 23012 aero foil has been the subject of exhaustive testing at Glasgow University. This has 
allowed a reasonable picture of its unsteady stalling characteristics to be obtained and, for this 
reason, it became the prime candidate for modification. 
Type of modification 
A useful modification to the NACA 23012 aerofoil is one which retains the leading edge 
conditions whilst forcing an earlier and more gradual trailing-edge separation growth. 
It is well known [7] that a region of adverse pressure gradient will, if persistent enough, cause 
a boundary layer to separate. It follows from this that in order to increase the probability of 
boundary layer separation, within a given region, one should increase the applied adverse pressure 
gradient. Therefore, in order to change the separation characteristics ofthe NACA 23012, a change 
in adverse pressure gradient over the rear portion should suffice. 
A standard vortex panel program [8] was used to calculate the inviscid pressure gradient over 
the NACA 23012 aerofoil (see Fig. 2). The upper surface pressure gradient between the 25 and 
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Fig. 3. Results from aerofoil design procedure. Fig. 4. Separation characteristics for the NACA 23012(A) 
aerofoil 
100% chord position was then increased in severity [9) and a new distribution of velocity calculated. 
An inverse vortex panel program [10] was then used to generate an aerofoil possessing this new 
velocity distribution. This inverse program simply took the "basic" NACA 23012 aerofoil and 
modified the influence coefficients of the panel matrix to satisfy the new velocity distribution; it 
was an iterative procedure and, for smalI modifications in pressure gradient, converged well. The 
new aerofoil was designated the NACA 23012 (A) and is compared to the NACA 23012 aerofoil 
in Fig. 3. 
Verification of modification 
To verify that the NACA 23012 (A) aerofoil had the desired trailing-edge separation character-
istics, a surface oil-film flow visualisation technique [6] was used. The static results obtained by this 
method are shown in Fig. 4 where a more persistent and gradual trailing-edge separation may 
clearly be seen. 
4. STATIC PERFORMANCE 
Static data was obtained at a Reynolds number of 1.5 x 106 and is presented in Fig. 5. The main 
feature displayed by the NACA 230 1 2(A) aerofoil was the rounding-off in lift-curve slope at a stall 
angle of 13.6 (0.8° less than the NACA 23012 aerofoil), indicating a trailing-edge type stall. Also 
observed was a positive pre-stall pitching moment of 0.05 and a positive zero-lift angle of l.so; these 
both being consequences of the reflex trailing-edge. 
A further, and interesting, observation that may be made is the obvious nonlinearity in pre-stall 
lift-curve slope. Initial considerations suggested this was a flow phenomenon associated with the 
reflex trailing-edge; a similar nonlinearity is displayed by the GO 738 aerofoil [12], at a Reynolds 
number of 0.5 x 106, which also has a reflex trailing-edge. 
5. OSCILLATORY CHARACTERISTICS 
Overall performance 
The variation of CN and Cm with ex is shown in Fig. 6 for the two aerofoils during oscillatory 
pitch cycles of 10 ± 8° at various reduced frequencies. As expected, both aerofoils displayed the 
distinctive aerodynamic loadings generally associated with dynamic stall [13]. 
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At low reduced frequency (Fig. 7a) both aerofoils exhibited similar characteristics. although the 
NACA 23012(A) displayed a more gradual staB at maximum lift. As the reduced frequency was 
increased distinct differences between the two aerofoi\,s characteristics became apparent. Since the 
two aerofoils had identical nose profiles. it is suggested that these observed differences were due 
to the influence of trailing-edge separation on the dynamic staB process. These differences, for the 
23012(A), may be described as follows: 
(a) Increased size in CD and Cm hysteresis (Fig. 6c); this is due to the different timing of flow 
re-attachment during the downstroke. 
(b) Earlier and more gentle Cm. break (Fig. 6b); this is due to the earlier and more gradual 
forward movement of the trailing-edge separation front. 
(c) Non-suppression of trailing-edge separation (Fig. 6d); the more persistent separation had a 
slower suppression response to increased reduced frequency. At a reduced frequency of 0.15 
the NACA 23012(A) aerofoil clearly exhibited a drop in Cm. at the beginning of the 
downstroke, which suggested a local increase in rear loading that would accompany a rear 
separation with re-attachment. 
Critical angle calculation 
FoBowing the argument presented by Wilby [14, 15] a series of oscillatory tests, that took each 
aero foil from unstalled to highly stalled conditions, was carried out. This was achieved by keeping 
both amplitude, ±8°, and reduced frequency, 0.1, constant whilst varying the mean angle. From 
the results of these tests, the maximum deviation in Cm, from its pre-stall single loop. was calculated 
and plotted against the maximum angle of incidence attained in the cycle (see Fig. 7). The intercept 
with the Cm = 0 line gives the maximum value of incidence that a given aerofoil can reach before 
there will be a break in the pitching moment. This angle is known as the critical angle. cx.:. For 
aero foils intended for use on helicopter rotor blades, it is the difference between the critical angle 
and the zero-lift incidence. Clo, that is important. The fo1\owing data were obtained from static and 
oscillatory tests: 
{ 
Clo = 1.5° 
NACA 23012(A) !X .. = 13.6
0
giving !Xc-!Xo = 14.1° 
!X. = 15.6 
{ 
Clo = _\.0° 
NACA 23012 !X .. = 14.r giving !X.-!Xo = 17.2° 
!X. = 16.2 
Since the leading-edge pressure distributions of both aerofoils are similar, the lower value of (X., 
exhibited by the NACA 23012(A) aerofoil must be caused by trailing-edge separation aggravated 
by the more severe rear pressure gradient. The lower value of (X." coupled with a higher value of 
Clo. gives the NACA 230l2(A) aerofoil a greatly reduced value of IX. -!Xu indicating a poorer 
performance in the unsteady regime. 
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6. RAMP CHARACTERISTICS 
Overall performance 
757 
The dynamic stall rig at Glasgow University provides a useful facility to obtain the aerodynamic 
characteristics of an aerofoil undergoing a ramp like variation in incidence. These ramp motions 
are of great value in studying the effects of pitch rate on the sequential timing [16] and manner 
of dynamic stall. 
At significant values of pitch rate (i.e. k. > 0.004) Seto and Galbraith [17] observed the stall to 
acquire certain typical characteristics. These were: (a) large dynamic overshoot of Cn and Cm; (b) 
vortex shedding (see Fig. 8) and subsequent increase in Cn; and (c) collapse of Cn and associated 
development of a large negative pitching moment. 
The effect of pitch rate on the upper surface pressure distribution, during the stall process, is 
illustrated in Fig. 8. Figures 9 and 10 show the unsteady lift and pitching moments for the NACA 
23012 and 23012(A) aerofoils respectively. Although the overall characteristics are very similar, the 
NACA 23012(A) exhibits, generally, more gradual variations in lift and pitching moment, 
especially at the higher pitch rates. It also displays a larger reduction in the unstalled static 
lift-curve slope and an earlier development of the maximum negative pitching moment. 
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Pitching-moment break 
In Beddoes' analysis [3] he concluded that, during a dynamic increase in incidence. an aerofoil 
will incur a break in pitching-moment, a period of time, Ill, after passing, and remaining above, 
its static pitching-moment break incidence. Beddoes gave the value of this time delay as 
where n = 2.44. 
nc 
Ilt =-U 
From the ramp data, collected at Glasgow University, the variation of pitching-moment break 
with pitch rate was obtained for each aerofoil. Subsequent analysis followed that given by Wilby 
[14), in which a definition of pitching-moment break is taken as the angle of incidence, (lb' for which 
the value of Cm had fallen by 0.05 below its maximum value. Plotting these values against ric/U 
and calculating the resultant slope gives a value for n in the above equation. 
It is apparent, from Fig. II, that the variation of (lb' does not possess a unique linear dependence 
on ac / U throughout the full range of pitch rates. However, in conformation with those data 
obtained by Wilby [14], it was inferred that a linear relationship existed for values of ric/U less 
than 2.0. The results from these analyses and their implications are discussed below. 
Sequential liming of dynamic stall 
For the NACA 230l2(A) aerofoil, a value of 2.5 was obtained for n which was consistent with 
that given by Beddoes. However, a high value of 3.8 was measured for the NACA 23012. Although 
the extent to which these time delays are effected by local tunnel conditions is arguable, the 
important feature of Fig. II is the different slopes obtained for each aerofoil. The implication then 
is that, since both aerofoiIs were tested under similar conditions, the variation in time delay was 
mainly due to the influence of trailing-edge separation on the onset of dynamic stall. 
Figures 12a and l2b present, in the manner of Ref. [18), chordal Cp values for both aerofoils 
undergoing a ramp variation of incidence at a reduced pitch rate of 0.01. These data contained 
evidence that the two aerofoils exhibited subtle differences in their unsteady staIling characteristics; 
comparing any two Cp traces clearly demonstrates this. This can cause difficulties when attempting 
to quantify the sequential timing of events incurred during dynamic stall [16]. 
7. CONCLUSIONS 
On the basis of the data and discussions presented, the following conclusions have been drawn. 
(a) Aerofoils displaying a prominent trailing-edge stall under static conditions are likely to 
exhibit dynamic stall triggered by a rear separation. However, this separation can be 
suppressed by increasing the pitch rate. 
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(b) The exact mechanism by which rear separation effects dynamic stall is, at present. unclear 
although it does tend to give an aerofoil a poorer unsteady performance. 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RU"I REFERENCE NU~IBER: 101 
REYNOLDS NUMBER = 1511935. 
DYNAI11 C PRESSURE = 996.12 Nm-' 
NUMBER OF CYCLES = 1 
MOTION TYPE: STATIC 
-
~ 
- - -
MACH NUMBER = O.lli 
AIR TEMPERATURE = 29.0~ 
SAMPLl NG FREQUENCY 100.00 Hz. 
AVERAGED DATA OF I CYCLES 
- - -
-
~ ------------~'-----------------------
- - - -
~ -----------~~------------------ - - - -
- - - -
- - - -
- - - -
- - -
-
0.00 0.26 0.51 0.77 1 .02 
~40 
z 
w 
~30 
u 
z 
-20 
LL 
o 
wID 
..J 
Cl 
XI02 
SWEEP NO. 
_ Ch .16 
_ Ch.1S 
_ Ch.14 
_ Ch.13 
_ Ch .12 
_ Ch.l1 
_ Ch.IO 
_ Ch. 9 
_ Ch. 8 
Ch. 7 
_ Ch. 6 
Ch. 5 
Ch. 1 
Ch. 3 
_ Ch. 2 
_ Ch. 
1.28 
~ O~~~ ______ ~~~ ________ ~~ ________ ~~~ ________ ~~~ ______ ~~ 
O. 0.26 0.51 0.77 1.02 .28 
-10 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
X/C 
FIGURJ 5.8 Preesure Coefficient versus Sweep .u~r obtained for the 
.AeA 23012(A) at 1.5 z 10- ReJnolds nuaber. 
:: 0.00 
::: 0.00 
= 0.00 
= 0.01 
= 0.01 
= 0.03 
= 0.05 
0.08 
0.10 
0.15 
= 0.20 
:: 0.27 
0.34 
= 0.41 
= 0.48 
:: 0.55 
:: 0.62 
= 0.69 
:: 0.76 
::: 0.83 
:: 0.90 
:: 0.97 
1-6 
en 
o-a 
- 23012(A) 
---- 23012 
o~---~~-----------------------------------------
" 
-0-4'------'-----~----L...-------J 
~~~~ __ :~j-------~:---'-t-------~,---~----~---,~ 
20 30 6 0 10 
Incidence (degs) 
FIGURE 5.9 Variations in Ior.al Force and Pitching-IDDBnt 
Coefficient with Incidence for the IACA 23012 
and 23012(A) Aerofoils at 1.5 x 10· Reynolds nuaber. 
1-6 
en 
o-a 
Re = 2-0)( 106 
0 
- 0-4 
0·1 f 
I 
\ 
....... 
'-
_c;: 
-6 0 10 20 30 
Incidence (degs) 
FIGURB 5.10 Variation in Ior.al Porce and Pitching-lO.ant 
Coefficient with Incidenoe for the IACA 23012(A) 
at 2.0 x 106 Reynolds nu.ber. 
-Cp 
DYNAMIC CHARACTERISTICS FOR THE NACA23012A HODEL02 
RUN REFERENCE NUMBER: 10iOl 
RETNOLDS NUMBER .'188829. 
DTNAMIC PRESSURE. 96i.82 N/sq. M 
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FIGlTD 6.1 Oscillatory Data obtained 
for the IAeA 23012(A). 
XIO: 
i_ 
2l 
w 
..J 
~ 
Z 
< 
-1 
-i 
XIO-l 
Cn 20[ 
IS 
-'1 -IS 
-20 
Xl0- 1 
I_ 
-1 
Cn". -2 
-3 
-i 
-5 
-1 
Ct 
-2 
-3 
.~"..,......"...""."".===============""".".=--=-=-.=--=."- .-".-.~ .. ===~.~=-•. ~~." '~-~~~=.,=~-
10 20 30~60 
XIO-l 
OMEGA x T (rods.) 
~ 
OMEGA x T (rods.) 
----
, , , , 
10 50 60 
Xl0- 1 
, 
8~ Cps al LE,TE,30% 
7 
S 
5 
-IF 10 20 3tt5>'fo :50 
-2 XIO-I 
OMEGA x T (rods.) 
XIO-I 
20 
Cn 
, 
, " .. ~ _ ... _ ... . 
-20 20 30 
-10 
-15 
-20 
ANGLE OF ATTACK (QlphQ) 
XlO- 1 
I 
, , , ~ 
-20 -10 -1~ 
en,;; 
-3 
-i 
-5 
10",2.0 30 
", 
", 
(alpha) 
. 
. 
, 
I~' ,'-, 
, 
. 
, 
iO 
iO 
10 
-20 20~ -jo iO 
-I 
Cl -2 
-3 
'-:'~'--'-.. - ..... ~----.-.-~"" 
iO 
DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 Xl01 8~ Cps ot LE.TE.2S~ 
.. ~ 7 
6 
RUN REFERENCE NUMBERI 10..81 DATE OF TESTI 12~ 3/86 2l 5 w 
REYNOLDS NUMBER .1 .. 81786. nAOi NUMBER • O. 112 a ~ 
DYNAMIC PRESSURE • 962.08 N~sq. M AIR TEMPERATURE • 30.0 
-i Xl0-l NUMBER OF CYCLES • 10 SAMPLING FREQUENCY • 298.2" Hz. MOTION TYPEI SINUSOIOAL REDUCED FREQUENCY • 0.103 OMEGA ~ T (rGds.> 
-l ONEGA )( T 
-.. 
MEAN ANGLE • 6.00 AMPLITUDE ·10.00 
OSCILLATION FREQUENCY. 2.330Hz. Xl0-1 Xl0-l 
C ~~r 20 AVERAGED DATA OF 10 CYCLES n C 
n , 
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-2t C -21 FIGUD 6.2 Oscillatory Data obtained t. 
for the IleA 23012CA). -3 -3 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 13551 
RETNOLDS NUMBER ·"22B~I. 
DTNAMIC PRESSURE .. 1001.80 N/sq. M 
NUMBER OF CTCLES .. 10 
MOTION TTPE! SINUSOIDAL 
MEAN ANGLE .. S.OO 
OSCILLATION FREQUENCY z 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
PIGVD 6.3 
DATE OF TEST: IS/ S/83 
MACH NUMBER = 0.112 
AIR TEMPERATURE" 33.0 
SAMPLING FREQUENCY.. 298.21 Hz. 
REDUCED FREQUENCY.. 0.102 
AMPLITUDE -10.00 
Oecillatory Data obtained 
for the IACA 23012. 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBERI 10561 
REYNOLDS NUMBER .'~66227. 
DYNAMIC PRESSURE. 9~1.98 N/sq. M 
NUMBER OF CYCLES. 10 
MOTION TYPE' SINUSOIDAL 
MEAN ANGLE • 8.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TESTI 12/ 3/86 
MACH NUnBER • 0.110 
AIR TEMPERATURE· 30.0 
SAMPLING FREQUENCY. 298.2i Hz. 
REDUCED FREQUENCY. 0.104 
AMPLITUDE aIO.OO 
PIGURE 6.4 Oscillatory Data obtained 
for the IACA 23012(A). 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODELOI 
RUN REFERENCE NUMBER: 13601 
RETNOLDS NUMBER .1~2J100. 
DYNAMIC PRESSURE • 1005.5i N/sq. M 
NUMBER OF CYCLES· 10 
MOTION TYPEI SINUSOIDAL 
MEAN ANGLE. 8.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: 16/ 6/83 
MACH NUMBER. 0.112 
AIR TEMPERATURE. 33.0 
SAMPLING FREQUENCY. 299.2i Hz. 
REDUCED FREQUENCY. 0.102 
AMPLITUDE -10.00 
PIGUR! 6.5 Oscillatory Data obtained 
for the .ACt 23012. 
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DYNAMIC CHARACTERISTrCS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBER I 10801 
RETNOLDS NUMBER ~I1B6036. 
DYNAMIC PRESSURE. 951.88 N/sq. M 
NUMBER OF CTCLES • 10 
MOTION TYPEs SINUSOIDAL 
MEAN ANGLE· 10.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: 17/ 3/86 
MACH NUMBER • 0.111 
AIR TEMPERATURE - 30.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREOUENCY. 0.101 
AMPLITUDE -10.00 
FIGURE 6.6 Oscillatory Data obtained 
for the IACA 23012(A). 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 13651 
RETNOLDS NUMBER .'~'179' • 
DYNAMIC PRESSURE. 999.61 N/sq. M 
NUMBER OF CYCLES. 10 
MOTION TYPEr SINUSOIDA~ 
MEAN ANGLE· 10.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGEO DATA OF 10 CYCLES 
DATE OF TEST: 16/ 6/83 
MACH NUMBER • 0.112 
AIR TEMPERATURE. 31.0 
SAMPLING FREQUENCY· 298.21 Hz. 
REDUCED FREQUENCY. 0.102 
AMPLITUDE -10.00 
FIGVRB 6.7 Oscillatory Data obtained 
for the IAeA 23012. 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBERI l06il 
REYNOLDS NUMBER .'i6il~S. 
DYNAMIC PRESSURE. 939.33 N;sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPEr SINUSOIDAL 
MEAN ANGLE. 15.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
FIGVRR 6.8(a) 
DATE OF TESTI Ii; 3/B6 
MACH NUMBER. 0.110 
AIR TEMPERATURE· 30.0 
SAMPLING FREQUENCY. 298.2i Hz. 
REDUCED FREQUENCY. 0.101 
AMPLITUDE -10.00 
Oscillatory Data obtained 
for the IAeA 23012(1). 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODELOl 
RUN REFERENCE NUMBER: 13851 
RETNOLOS NUMBER ·1~2B216. 
OYNAMIC PRESSURE. 1005.15 N/sq. M 
NUMBER OF CYCLES· 10 
MOTION TYPEI SINUSOIDAL 
MEAN ANGLE· 15.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGEO DATA OF 10 CYCLES 
PIGU'D 6.8(b) 
DATE OF TEST: 17/ S/B3 
nACH NUMBER. 0.112 
AIR TEMPERATURE. 32.0 
SAMPLING FREQUENCY· 298.2i Hz. 
REDUCEO FREQUENCY. 0.102 
AMPLITUDE ·'0.00 
Oscillatory Data obtained 
for the .Iel 23012. 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBERI 10721 
REYNOLDS NUMBER .'i6IS~~. 
DYNAMIC PRESSURE. 936.50 N/sq. M 
NUMBER DF CYCLES • 10 
MOTION TYPEI SINUSOIDAL 
MEAN ANGLE· 20.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGEO OATA OF 10 CYCLES 
DATE OF TESTI 11/ 3/86 
MACH NUMBER· 0.110 
AIR TEMPERATURE. 30.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. O.IOS 
AMPLITUDE -10.00 
FIGURR 6.9 Oscillatory Data obtained 
for the .AeA 23012(A>. 
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orNAHlc C~ARACTERtSTICS FOR THE NACA23012A MOOEL02 
RUN REFERENCE NUMBER: 10i61 
REtNHLbs NUH~E~ = ti69~19. 
DYNAMIC PRESSURE = 9i6.26 Nm-2 
NUMBER DF CYCLES = 10 
MOTION TYPE: SINUSOIDAL 
MEAN ANGLE = 6.00' 
OSCILLATION FREQUENCY = 1.165 Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: 12/3/96 
HAC~ ~UrlBER = 0.111 
AIR TEMPERATURE = 3O.0~ 
SAMPLING FREQUENCY = li9.12 Hz. 
REDUCED FREQUENCY = 0.052 
AMPLITUDE = 10.00' 
FIGU2B 6.10 Oscillatory Data obtained 
for the .iei 23012(i). 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBER: 10511 
REYNOLOS NUHBE~ = 1185515. 
DYNAMIC PRESSURE = 966.93 Nm-2 
NUMBER OF CYCLES = 10 
MOTION TYPE: SINUSOIDAL 
ME~N ANGLE 6.00· 
OSCILLATION FREQUENCY = 1.078 Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: 12/3/86 
M~CH NUMBER = 0.112 
AIR TEMPERATURE = 3O.0~ 
SAMPLING FREQUENCY = 521.92 Hz. 
REDUCED FREQUENCY = 0.180 
AMPLITUDE = 10.00· 
FIGVRB 6.11 OscIllatory Data obtaIned 
for the IleA 23012(1). 
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FIGURE 6.12 Unsteady Stall Categorisation via Pressure Ti.a Histories 
obtained at X- = 0.25, a = 15 + 10 Sin wt ~ k = 0.10 
(fro. XcCr06key at al, 1080). 
UNSTEADY PRESSURE/TIME DISTRIBUTION - UPPER SURFACE 
RUN REFERENCE NUMBER: 10611 
REYNOLDS NUMBER =1161159. 
DYNAMIC PRESSURE = 939.33 N/sq. M 
NUMBER OF CYCLES = 10 
MOTION TYPE: SINUSOIDAL 
MEAN ANGLE = 15.00 
OSCILLATION FREQUENCY = 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
l~-t-T 
DATE OF TEST: 11~ 3~e6 
MACH NUMBER = 0.110 
AIR TEMPERATURE = 30.0 
SAMPLING FREQUENCY = 299.21 Hz. 
REDUCED FREQUENCY = 0.101 
AMPLITUDE ·10.00 
O~~~~~~~~ ____ ~ __ ~ __ ~~--~ 
o 11 2 3 4 5 G 7 
Xl0' NON-DIMENSIONAL TIME 
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FIGViJ 6.13 Vast.adJ stall Categorisation of the IlCA 23012(1' via 
Preeeur. Ti.. Histories. 
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UNSTEADY PRESSURE/TIME DISTRIBUTION - UPPER SURFACE 
RUN REFERENCE NUMBER: 138~1 
REYNOLDS NUMBER ~15282~6. 
DYNAMIC PRESSURE· 1005.15 N/sq. M 
NUMBER OF CYCLES = 10 
MOTION TYPE: SINUSOIDAL 
MEAN ANGLE = 15.00 
OSCILLATION FREOUENCY = 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
NON-DIMENSIONAL TIME 
MACH NUMBER. 0.112 
AIR TEMPERATURE = 32.0 
SAMPLING FREOUENCY = 299.2~ Hz. 
REDUCED FREQUENCY = 0.102 
AMPLITUDE =10.00 
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PIGVRB 6.14 VDSteady Stall Categorisation of the lAC! 23012 via 
Pressure Ti.a Histories. 
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FIGURE 6.16 Deep Stall Boundary-Layer Behaviour obtained for the IACA 
23012 during an Oscillatory Test of a = 10 ± 15 Sin wt f 
k = 0.15. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBER' I 0881 
REYNOLDS NUnBER ·1~07681 • 
DYNAMIC PRESSURE. 961.35 N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPE' SINUSOIDAL 
MEAN ANGLE • 4.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
CATE OF TEST' 24/ 7/85 
nACH NUnBER • 0.112 
AIR TEMPERATURE. 26.0 
SAMPLING FREQUENCY. 298.24 Hz. 
REDUCED ~REaUENCY. 0.'04 
AMPLITUDE· 8.00 
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FIGURE 6.17 Oscillatory Data obtained for C 
the IACA 23012(A) to Calculate l -2 
the Critical Angle. -3 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBERl 10891 
REYNOLDS NUMBER -1199009. 
DYNAMIC PRESSURE - 950.32 N/sq. M 
NUMBER OF CYCLES - 10 
MOTION TYPE: SINUSOIDAL 
MEAN ANGLE • 6.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST' 21/ 7/9S 
MACH NUMBER. 0.111 
AIR TEMPERATURE. 26.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. 0.105 
AMPLITUDE- 8.00 
FIGURE 6.17 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBERI 10901 
RETNOLDS NUMBER ·'1S0997. 
DYNAMIC PRESSURE. 916.50 N;sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPEI SINUSOIDAL 
MEAN ANGLE • B.OO 
OSCILLATION FREQUENCY = 2.330Hz. 
AVERAGED OATA OF 10 CYCLES 
DATE OF TESTI 21; 7/85 
nACH NUnBER ·0.111 
AIR TEMPERATURE. 26.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREOUENCY. 0.105 
AMPLITUDE· 8.00 
FIGURR 6.11 Continued. 
w 
...J 
Cl 
Z 
< 
C 
n 
XIO' 
1 
2 
0 ( 
-2 
I 
-1 
)(10- 1 
20 
-15 
-20 
XIO-l 
• 
OMEGA x T (~ads.) 
Xl0-' 
OnEGA x T (rods.) 
0rr=T6'~ ~I'\' !,..' ~,,' A:' 
-1 
C -2 
1ft 
-3 
-1 
-5 
-I 
Ct. 
-2 
-3 
Br Cps Q~ LE,TE,25% 
7 
6 
5 
-2 
10 2 
OMEGA x T ~~.) 
c 
n 
x.o-1 
20 
15 
-20 -10 if 
-5 
-10 
-15 
-20 
\,1,. ,,' 
10 20 30 
ANGLE OF ATTACK (alpha) 
XIO-I 
1 
-20 -10 l 
-. 
C -2 
11\ 
-3 
-1 
-5 
'01':..~ 30 
. 
.. 
. 
. 
ANGLE OF A TTACq (a l phQ ) 
Xl0- .-
2_ / 
-10 
10 
-20 -10 20~_!010 
-1 
C -2 
t. 
-3 
-cp 
DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBER I 10911 
REYNOLDS NUMBER .1~1281~. 
DYNAMIC PRESSURE. 1006.S? N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPEI SINUSOIDAL 
MEAN ANGLE. 1 0 .00 
OSCILLATION FREQUENCY· 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
2~~~~13.91' 
DATE OF TESTI 21/ 7/85 
MACH NUMBER. 0.111 
AIR TEMPERATURE. 26.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. 0.102 
AMPLITUOE • 8.00 
FIGURB 6.17 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBERI 10921 
REYNOLDS NUMBER .'~273S2. 
DYNAMIC PRESSURE. 986.65 N/sq. M 
NUMBER OF CYCLES • 10 
noTION TYPEI SINUSOIDAL 
MEAN ANGLE· 12.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
:z~ . \5.77/ 
DATE OF rESTI 21/ 7/85 
MACH NUMBER. 0.113 
AIR TEMPERATURE. 26.0 
SAMPLING FREQUENCY. 298.24 Hz. 
REDUCEO FREOUENCY. 0.103 
AMPLITUDE • 8.00 
FIGURB 6.11 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBERI 10931 
RETNOLDS NUMBER .'~268~1. 
DYNAMIC PRESSURE. 985.95 N/sq. M 
NUMBER OF CTCLES • 10 
MOTION TYPEI $INUSOID~L 
MEAN ANGLE. 17 .00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TESTI 21/ 7/85 
MACH NUMBER. 0.113 
AIR TEMPERATURE. 26.0 
SAtPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. 0.103 
AMPLlTUDE • 8.00 
FIGURB 6.17 Co~leted. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 1 3511 
RETNOLDS NUMBER .1~21106. 
DYNAMIC PRESSURE. 998.27 N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TTPE' SINUSOIDAL 
MEAN ANGLE. 6.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TESTI 16/ 6/83 
MACH NUMBER. 0.112 
AIR TEMPERATURE. 31 .5 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. 0.103 
AMPLITUOE • 8.00 
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FIGURB 6.18 Oscillatory Data obtained for -1 
the IACA 23012 to Calculate cl l 
the Crt tical Angle. -2 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODELOI 
RUN REFERENCE NUMBER: 13591 
REYNOLDS NUMBER .'~299S7. 
DYNAMIC PRESSURE. 1011.27 N/sq. M 
NUMBER OF CYCLES. 10 
MOTION TYPEr SINUSOIDAL 
MEAN ANGLE. 8.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: 16/ 6/83 
MACH NUMBER. 0.113 
AIR TEMPERATURE. 33.0 
SAMPLING FREQUENCY a 299.21 Hz. 
REDUCED FREQUENCY. 0.102 
AMPLITUDE· B.OO 
FIGtJRR 6.18 Continued. 
2~~11.60# 
Cn 
w 
oJ 
CI 
Z 
< 
Xl0' 
1r 
2 
-2 
-1l 
Xl0- 1 
20 
-5 
-10 
-15 
I 
-20 
XIO-I 
1 
o 
-1 
Cn.,. -2 
-3 
-1 
-5 
-1 Ct. -2 
-3 
10 
OMEGA X T (rads.) -2 
OMEGA X T (rads.) 
30 
Xl0- 1 
20 30 10 50 60 
Xl0- 1 
359 
OMEGA X T (rads.) 
en 
-20 
XIO-I 
20 
-10 
I 
-15 
-20' 
20 30 10 
ANGLE OF ATTACK (alpha) 
-20 -10 
Xl0-' 
I 
-I 
C".;-; 
-3 
-1 
-5 
ANGLE 
'.._~(j 30--10 
\~ .. ~-
':2~TOr 1 ~30------"0 
-1 
Ct. -2, 
J 
359 
-Cp 
DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 13611 
REYNOLOS NUMBER .1~30IS3. 
DYNAMIC PRESSURE. 1020.Oi N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPEs SINUSOIDAL 
MEAN ANGLE. 10.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
2~~13.6S/ 
DATE OF TEST: 16/ 6/83 
MACH NUMBER· 0.113 
AIR TEMPERATURE. 31.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCY. 0.101 
AMPlITUDE. 8.00 
FIGURB 6.18 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 13691 
RETNOLDS NUMBER .li91800. 
DYNAMIC PRESSURE. 978.68 N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPE' SINUSOIDAL 
MEAN ANGLE. 12.00 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
DATE OF TEST: IS/ S/83 
MACH NUMBER. 0.110 
AIR TEMPERATURE. 35.0 
SAMPLING FREQUENCY. 298.2i Hz. 
REDUCED FREOUENCY. 0.10i 
AMPLITUDE. 8.00 
FIGURB 6.18 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODELOI 
RUN REFERENCE NUMBER: 13791 
RETNOLDS NUMBER .'~098~O. 
DTNAMIC PRESSURE. 973.07 N/sq. M 
NUMBER OF CYCLES • 10 
MOTION TYPEs SINUSOIDAL 
MEAN ANGLE. li.OO 
OSCILLATION FREQUENCY. 2.330Hz. 
AVERAGED DATA OF 10 CYCLES 
~~~17.611/ 
DATE DF TEST: 17/ 6/83 
MACH NUMBER. 0.111 
AIR TEMPERATURE. 30.5 
SAMPLING FREQUENCY. 298.2i Hz. 
REDUCED FREQUENCY. 0.10i 
AMPLITUDE • 8.00 
FIGlJD 6.18 Continued. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBERI 13891 
RETNOLOS NUMBER .'~2076'. 
DTNAMIC PRESSURE. 1000.76 N/sq. M 
NUMBER OF CTCLES • 10 
MOTION TTPEI SINUSOIDAL 
MEAN ANGLE. IS .00 
OSCILLATioN FREQUENCT. 2.330Hz. 
AVERAGED DATA OF 10 CTCLES 
DATE OF TESTI 17/ 6/83 
MACH NUMBER· 0.1'2 
AIR TEMPERATURE. 33.0 
SAMPLING FREQUENCY. 298.21 Hz. 
REDUCED FREQUENCT. 0.103 
AMPLITUDE· 8.00 
PIGURR 6.18 Co-pleted. 
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FIGUR! 6.19 Critical Angle Calculation obtained for 
the IACA 23012 and 23012(A) Aerofoils at 
a = a. ± 8 Sin ~t and a = a. ± 10 Sin ~t 
at k = 0.10 (see Figures 6.17 and 6.18), 
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DYNAMIC CHARACTERISTrCS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBER: 20031 
RETNOLDS NUMBER = 1503912. 
DYNAMIC PRESSURE z 965.29 Nm~ 
NUMBER OF CYCLES 5 
MOTION TYPE: RAMP UP 
START ANGLE -1.00· 
RAMP ARC. 41 .000· 
AVERAGED DATA OF S CYCLES 
DATE OF TEST: 25/2/86 
MACH NUMBER. 0.110 
AIR TEMPERATURE = 30.0~ 
SAMPLING FREQUENCY = 7.33 Hz. 
REDUCEO PITCH RATE = 0.00040 
LINEAR PITCH RATE· 2.91~~ 
FIGUiB 7.1(a) ~ Data obtained for 
the IAeA 23012(A). 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBER: 20081 
RETNOLDS NUMBER = 1~09~25. 
DATE OF TEST: 28/2/8S 
MACH NUMBER = 0.111 
DYNAMIC PRESSURE 
NUMBER OF CYCLES 
972 .50 Nm-2 AIR TEMPERATURE 30.0~ 
5 
MOTION TYPE: RAMP UP 
START ANGLE -1.00· 
RAMP ARC = 11.000· 
AVERAGED DATA OF 5 CYCLES 
SAMPLING FREQUENCY 2 73.38 Hz. 
REDUCED PITCH RATE = 0.00370 
LIl'EAR PITCH RATE = 30.01"5-' 
FIGURR 7.1(b) Ra~ Data obtained for 
the .ACA 23012(A). 
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DYNAMIC CHARACTERISTICS FOR THE NACA23012A MODEL02 
RUN REFERENCE NUMBERI 20171 
REYNOLDS NUMBER· 1531268. 
DYNAMIC PRESSURE. 1000.72 Nm-2 
NUMBER OF CYCLES. 5 
MOTION TYPE: RAMP UP 
START ANGLE = -1.00' 
RAMP ARC a -'1.000' 
AVERAGED DATA OF 5 CYCLES 
DATE OF TEST: 28/2/86 
MACH NUMBER a 0.112 
AIR TEMPERATURE = 3O.0~ 
SAMPLING FREQUENCY a +03.55 Hz. 
REDUCED PITCH RATE = 0.01950 
L1f'£AR PITCH RATE.. 159.6-'"5-' 
FIGURK 7.1(c) Ra~ Data obtained for 
the IAeA 23012(A), 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL01 
RUN REFERENCE NUMBER: 20321 
RETNOLDS NUMBER = 1508968. 
O(NAMIC PRESSURE 
NUMBER OF CYCLES = 5 
MOTION TYPE: RAMP UP 
977 .~9 Nm-2 
START ANGLE -1 .00· 
RAMP ARC 31.000· 
AVERAGED DATA OF 5 CYCLES 
DATE OF TEST: 23/5/0~ 
MACH NUMBER = 0.112 
AIR TEMPERATURE 28.0~ 
SAMPLING FREQUENCY = 9.78 Hz. 
REDUCED PITCH RATE = 0.00029 
LINEAR PITCH RATE = 2.39"5-1 
FIGURE 7.2 (8) Rail}> Data obtained for 
the • .I.e.l. 23012. 
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DYNAMIC CHARACTERISTrCS FOR THE NACA 23012 MODELOI 
RUN REFERENCE NUMBER: 20371 
RETNOLDS NUMBER • 1~37i7S. 
DYNAMIC PRESSURE z 1020.il Nm-2 
NUMBER OF CYCLES 5 
MOTION TYPE: RAMP UP 
START ANGLE -1.00· 
RAMP ARC = to.OOO· 
AVERAGED DATA OF 5 CYCLES 
DATE OF TEST: 21/5/81 
MACH NUMBER = O.II~ 
AIR TEMPERATURE • 29.0~ 
SAMPLING FREQUENCY 97.81 Hz. 
REDUCED PITCH RATE = 0.00379 
LINEAR PITCH RATE = 31.52"5-' 
FIGURB 7.2(b) Ra~ Data obtained for 
the IACA 23012. 
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DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODELOI 
RUN REFERENCE NUMBER: 20~51 
REYNOLDS NUMBER = 1~10862. 
DYNAMIC PRESSURE. 985.38 Nm-2 
NUMBER OF CYCLES K 5 
MOTION Type. RAMP UP 
START ANGLE • -1.00' 
RAMP ARC a 10.000' 
AVERAGEO DATA OF 5 CYCLES 
DATE OF TEST: 21/5/B~ 
I1ACH NUMBER = 0.113 
AIR TEMPERATURE = 29.0~ 
SAMPLING FREQUENCY. 189.21 Hz. 
REDUCED PITCH RATE 0.01912 
LINEAR PITCH RATE z 151.01"5" 
FIGUiB 7.2(c) Ra-p Data obtained for 
2~ ~ 2.29// the IACA 23012. 
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PIGURB 7.3 Rffect of Pitch Rate on the lor.al Force and Pitching 
Ko.ant Coefficient obtained at 1.5 z 10· Reynolds nu.ber. 
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RUN REFERENCE NUMBER: 20161 
REYNOLDS NUMBER =151iI26. 
DYNAMIC PRESSURE = 978.ii N/sq. M 
NuMBER OF CYCLES = 5 
MOTION TYPE: RAMP UP 
AVERAGED DATA OF _ 5 CYCLES 
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DATE OF TEST: 28/ 2/86 
MACH NUMBER = 0.111 
AIR TEMPERATURE = 30.0 
SAMFLING FREQUENCY = -366.Bi Hz. 
REDUCED PITCH RATE = 0.02 
LINEAR PITCH RATE = 146.43 DEG./SEC. 
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FIGVRB 7.4 Unsteady stall Categorisation of the IACA 23012(A) 9i. 
Pree&ure Ti.e Histories. 
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DYNAMIC LIFT AND MOMENT CHARACTERISTICS FOR THE NACA 23012 MOD. A 
RUN REFERENCE NUMBER: 20201 
REYNOLDS NUMBER =1531150. 
DYNAMIC PRESSURE = 1000.~7 N/sq. M 
NUMBER OF CYCLES· 5 
MOTION TYPE:RAMP 
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DATE OF TEST: 28/ 2/86 
MACH NUMBER = 0.112 
AIR TEMPERATURE = 30.0 
SAMPLING FREQUENCY - 513.61 Hz. 
REDUCED PITCH RATE - 0.02~~0 
AVERAGED DATA OF 5 CYCLES 
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FIGVRB 1.8 Relative Phasing of Various Local Upper SUrface 
Pressure Coefficient and Aerodyna~c Loading Events 
for the I!Cl 23012(!). 
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Various Reduced Pitch Rates. 
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FIGURE 7.10 IAeA 23012 Pressure Coefficient at 0.541 chord for 
Various Reduced Pitch Rates. 
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FIGVRI 7.12 Co~i80n of Unsteady Separation Characteristics 
obtained durina Oscillatory and Ra~ IDtions for 
the IACA 23012 and 23012(A) Aerofoila at 1.5 z 10. 
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FIGVRB 7.16 ea.pari80D of AerodJDAadC Loadings obtaiDed duri~ 
Oacillatory aDd Ra.p lOtions at 1.5 z 10- Reynolds 
auaber. 
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Calculation based on Pitching-Xo.ant Response. 
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FIGURB 7.19 Ion-Di.ansional Vortex Inception Ti.a Delay 
Calculation based on Local Pre66ure Coefficient 
Response. 
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(as defined in Fl~ure 7.19). 
-cp 
• 
DYNAMIC CHARACTERISTICS FOR THE NACA 23012 MODEL 2 
RUN REFERENCE NUMBERI 20271 
RETNOLDS NUMBER .117B919. 
DYNAMIC PRESSURE. 977.96 N/sq. M 
NUMBER OF CYCLES· S 
MOTION TYPEI RAMP UP 
DATE OF TESTI 1/ 3;86 
MACH NUMBER ~ 0.11i 
AIR TEMPERATURE. 30.0 
SAMPLING FREQUENCY = SSO.OS Hz. 
REDUCED PITCH RATE = 0.03 
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FIGURB 7.21 Ra-p Data obtained for 
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PIGVR! 9.1 Bffect of Steady-state Separation Characteristics on the 
TiaiD8 of Dynamc stall Onset at 1.5 x 10- Reynolds Duaber 
and 0.11 IAch nuaber. 
STALL PARAJIETER 
Aerofoil geometry 
Xach number 
Reynolds number 
Reduced frequency 
Xean angle, amplitude 
Type of DICtion 
Three-dimensional effects 
Tunnel interference effects 
EFFECT 
Large in some cases 
Small below X- ~ 0.2 
Large above X- ~ 0.2 
Small at low Xach number 
Unknown at high Mach number 
Large 
Large 
Virtually unknown 
Virtually unknown 
Virtually unknown 
TABLB 1.1 hlportance of the DynaIlc Stall Parl1:Eters 
(fro. KCCroskey et al, 1980). 
IACA 23012 (.1) 
(Stations and ordinates given in 
per cent of aerofo!l chord> 
Upper Surface Lower Surface 
Station Ordinate Station Ordinate 
-0.044 0.802 0.000 0.000 
0.000 0.000 0.436 -0.681 
0.337 1.694 1.229 -1.226 
1.166 2.657 2.354 -1.658 
2.454 3.651 3.791 -2.008 
4.207 4.626 5.529 -2.308 
6.413 5.523 7.564 -2.588 
9.048 6.286 9.910 -2.874 
12.069 6.876 12.588 -3.180 
15.421 7.276 15.631 -3.508 
19.042 7.503 19.077 -3.838 
22.902 7.603 22.925 -4.123 
27.060 7.597 27.083 -4.333 
31.507 7.479 31.530 -4.471 
36.224 7.241 36.247 -4.540 
41.195 6.872 41. 216 -4.547 
46.399 6.365 46.418 -4.498 
51.816 5.725 51.831 -4.401 
57.424 4.964 57.436 -4.261 
63.202 4.103 63.209 -4.077 
69.125 3.169 69.128 -3.843 
75.169 2.202 75.169 -3.544 
81.310 1.257 81.306 -3.147 
87.521 0.422 87.515 -2.587 
93.773 -0.125 93.768 -1. 701 
100.000 0.051 100.000 -0.050 
T1BLH 3.1 Coordinates of the IACA 23012(A) Aerofoil. 
MATERIAL CONSTRUCTION SPECIFICATION 
PROPERTY VALUE ~ERROR ANALYSIS 
S Glass -fi bre 3mm skin backed 
Weight 
18·0 0·5 Direc t measurement (Kg) 
!45° woven roven with balsa wood. 
Moment of I K Res in/gel-coat 2 halves joined Inertia 2 0·50 0·24 Physical pendulum experiment 
together with (Kgm ) ! 
~-~~~1 resin. GJ I ,r_, ) ... 36000 2000 Torsion rig experiment i;r.\ f Wm2) 
[~J···I El Thin wall tube analysis N .... .Jr-T'>J 25000 7 .. (Nm2) Composi te data sheets 
S Aluminun 2 halves bolted 
Weight 
20·0 0·5 Direc t measurement , ( Kg) i together to form 
hollow tube. Moment of P Inertia 2 0·14 7 Thin wall tube analysis (Kgm ) 
A GJ 93000 as above 7 (Nm2) 
EI 
R (Nm2) 18000 ? as above 
F M ~atlll'~l_ Fr~q~encle~ Cent~e_ ~Q9!l .Q~le0 ion~ I ~ ~ Torsi on = 60 Hz Twist = 0.26 0 Bend ing = 27 Hz Bending = 1·7 mm [ 
TABLB 3.2 SU..ary of the structural Design of the IACA 23012(A) 
Aerafail. . 
